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SUMMARY 


This  report  discusses  the  results  of  a  research  program  conducted  by  the 
Lockheed-California  Company  to  evaluate  the  maneuvering  capability  and 
critical  rotor  stresses  of  the  rigid-rotor  XH-51A  compound  helicopter 
(Figure  l)  under  Contract  DA  44-177 -AMC-365(T) . 

As  shown  in  Figure  2,  the  maneuvering  envelope  was  expanded  beyond  the 
specified  program  objectives.  These  data  are  referenced  to  the  design 
gross  weight  of  4500  pounds. 

In  demonstrating  this  test  envelope,  the  effects  of  rotor  RFM,  cyclic  con¬ 
trol  system  sensitivity,  and  center  of  gravity  position  were  evaluated  in 
terms  of  aircraft  response  and  structural  loads  to  determine  the  optimum 
combination  of  these  variables.  The  testing  conducted  to  investigate 
these  effects  consisted  of  longitudinal  and  lateral  control  response, 
short-period  damping,  autorotation  characteristics,  maneuvering  stability, 
static  stability,  and  level  flight  performance.  Also  investigated  were 
the  effects  of  atmospheric  turbulence  and  nap-of -the- earth  operations  on 
aircraft  response  and  rotor  stresses. 

The  following  significant  results  were  obtained: 

•  A  maximum  flight  speed  of  262.7  KTAS  was  attained  in  a  shallow 
descent  of  800  to  1000  fpm  with  a  rotor  RFM  of  95.5  percent. 

•  Autorotation  entries  at  speeds  in  excess  of  230  KTAS  were  simula¬ 
ted  using  high-speed  entry  techniques. 

•  Forward  centers  of  gravity  had  a  favorable  effect  on  high¬ 
speed  handling  qualities. 

•  Desensitizing  the  longitudinal  cyclic  control  system  helps  to  re¬ 
duce  the  excessive  response  characteristics  of  the  aircraft  at 
high  forward  speeds.  Aircraft  response  at  low  speeds,  however,  is 
reduced  to  the  extent  that  it  appears  doubtful  that  a  single  con¬ 
trol  system  sensitivity  will  suffice  for  all  speeds  and  conditions. 

•  Main  rotor  loads  obtained  in  rough  air  were  more  severe  than  those 
obtained  in  level  flight  at  comparable  airspeeds.  However,  the 
effect  of  the  load  increase  on  fatigue  life  does  not  appear  to  be 
severe. 

•  Reduced  rotor  SIM  at  high  speed  had  an  adverse  effect  on  rotor  plane 
oscillations. 

Two  factors  prevented  the  RFM-airspeed  envelope  shown  in  Figure  3  from 
being  expanded  further.  The  first  of  these  is  a  strong  vibration  above 
220  KTAS  at  high  rotor  RFM  settings  which  is  associated  with  the  advancing 
blade  Mach  number.  The  second  factor  is  a  mild  rotor  plane  oscillation  at 
high  airspeeds  which  becomes  more  pronounced  as  rotor  RFM  is  reduced  below 
intermediate  values. 


Figure  1.  XH-51A  Compound  Helicopter  in  Flight. 
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FOREWORD 


Ibis  report  describes  the  results  of  the  research  in  the  maneuverability  pro- 
gnus  conducted  with  the  Lockheed  Rigid-Rotor  XH-51A  compound  helicopter. 

This  program  was  conducted  by  the  Lockheed-California  Company  tinder  Con¬ 
tract  DA  UL-177-AMC-365 (T)  with  the  U.S.  Army  Aviation  Materiel  Labora¬ 
tories  (USAAVIAB6),  Fort  Eustis,  Virginia. 

Hying  began  on  4  August  1966  and  continued  through  11  July  1967-  It  was 
conducted  by  members  of  the  helicopter  staff  under  the  direction  of  Mr. 

A.  W.  Turner,  Flight  Test  Division  Engineer.  The  Lockheed  test  pilots 
were  Messrs.  R.  Ooudey  and  D.  Segner. 

The  RASA  evaluation  during  the  program  was  performed  by  Messrs.  L.  Jenkins, 
Engineer,  and  P.  Deal,  Test  Pilot. 

Technical  monitoring  of  the  program  for  USAAVLABS,  a*  wall  ae  a  separate 
flight  evaluation,  was  performed  by  Messrs.  S.  Dumond,  Engineer  and 
D.  Simon,  Test  Pilot. 
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introduction 


Previous  research  efforts  on  various  compound  helicopters  have  been  direc¬ 
ted  largely  toward  speed  gains  and  transient  load  factors.  Although  these 
programs  were  successful,  their  scope  was  limited  in  one  important  area. 
This  was  the  area  of  maneuverability  and  agility  over  the  entire  speed 
range.  With  rapidly  approaching  compound  helicopter  applications,  addi¬ 
tional  maneuverability  and  agility  information  and  accompanying  quantita¬ 
tive  data  on  dynamic  stresses  and  handling  characteristics  are  needed  to 
assist  designers  of  future  compound  helicopters. 

A  high-speed  extension  flight  test  program  was  conducted  by  the  Lockheed- 
California  Company  on  the  rigid-rot  ir  XH-51A  compound  helicopter  during 
May  1965  under  Contract  DA  44-177-AMC-150(T) .  The  objective  of  this  pro¬ 
gram  was  to  investigate  the  flight  characteristics  of  the  compound  heli¬ 
copter  with  special  emphasis  on  the  areas  of  flying  qualities,  performance, 
structural  loads,  vibration,  and  maneuverability  in  the  speed  range  of 
200  to  230  KTAS.  As  reported  in  Reference  1,  this  objective  was  met  and  a 
maximum  level  flight  speed  of  236  KTAS  was  demonstrated. 

The  Lockheed-California  Company  v  is  then  authorized  to  study  the  maneuver¬ 
ing  capability  of  the  rigid-rotor  XH-flA  compound  helicopter  under  Con¬ 
tract  DA  44-177 -AMC-365(T),  dated  20  June  1966,  with  the  U.S.  Army  Aviation 
Materiel  Laboratories,  Fort  Eustis,  Virginia.  This  is  a  report  of  the 
results  of  that  study. 

The  principal  objective  of  this  study  was  to  explore  further  the  maneuver¬ 
ing  capability  of  the  compound  helicopter  in  terms  of  envelope  expansion, 
longitudinal  and  lateral  control  response  and  damping,  maneuvering  stabil¬ 
ity,  hover  maneuvers,  and  autorotation  and  level  flight  characteristics 
over  the  following  target  airspeed-load  factor  envelope: 

•  2.0g  at  60  KTAS 

•  2.5g  at  150  KTAS 

•  2 .Qg  at  220  KTAS 

•  l.Og  (±0.2g)  at  2U0  KTAS 

The  first  flight  under  this  contract  was  accomplished  on  4  August  1966, 
and  a  maximum  true  airs*  eed  of  262.7  knots  was  demonstrated  on  19  June 
1967.  Luring  the  program,  209  flights  were  conducted,  for  a  total  of 
64.3  flight  hours.  Of  these  totals,  NASA  participation  amounted  to  23 
flights,  accumulating  9-2  flight  hours,  with  U.S.  Army  participation 
amounting  to  15  flights,  for  a  total  of  5.5  flight  hours.  The  flight 
program  ended  on  11  July  1967. 
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DESCRIPTION  CF  TEST  ARTICLE 


The  XR-51A  compound  helicopter  test  article  (see  Figure  k)  is  described 
in  Table  I.  At  the  completion  of  the  previous  compound  helicopter  pro¬ 
gram,  certain  modifications  to  the  aircraft  were  considered  necessary. 
Accordingly,  prior  to  commencing  the  maneuverability  program,  the  follow¬ 
ing  modifications  were  incorporated: 

•  PTdB-9  Turbine  Engine 

A  PT6B-9  gas  turbine  engine  compatible  to  the  XH-51A  helicopter 
was  installed.  This  engine  provided  more  available  power  to 
compensate  for  the  vehicle's  increased  gross  weight,  and  it 
afforded  additional  low-speed  maneuvering  capability. 

•  Slip  Ring  Assemblies 

A  Uo-slip  ring  assembly  compatible  to  the  XH-51A  main  rotor  and 
an  l8-slip  ring  assembly  compatible  to  the  XH-51A  tail  rotor  were 
installed  to  monitor  main  rotor  and  tail  rotor  instrumentation 
parameters,  respectively. 

•  Bate  Gyros 

Two  rate  gyros  sensitive  to  0.02  rad/sec  were  installed  to  sense 
aircraft  pitch  and  roll  responses. 

•  Spoiler  Control 

The  actuation  of  the  spoiler  was  revised  so  that  the  direction  of 
the  controlling  switch  conformed  to  the  convention  for  dive-brake 
operation. 

•  Increased  Fuel  Capacity 

A  3^-gallon  torso  fuel  tank  capacity  with  quick-disconnect  provi¬ 
sions  and  a  separate  fuel  shutoff  valve  was  installed  in  the  air¬ 
craft.  The  torso  tank  is  the  J-60-P-2  engine  primary  fuel  source 
until  nearly  empty,  at  which  time  it  reverts  to  the  ship's  main 
fuel  supply. 
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Figure  U.  XH-51A  Compound  Helicopter  in  Hover 


Torso  Tank  Fuel  Gage 

A  cockpit  gage  to  indicate  fuel  quantity  in  the  auxiliary  torso 
fuel  tank  was  installed.  This  gage  was  a  differential  pressure 
gage  plumbed  to  measure  the  liquid  fuel  head  in  the  tank  for 
level  flight  conditions. 

Auxiliary  Jet  Throttle  Modification 

- j - 

The  auxiliary  Jet  engine  throttle  was  incorporated  into  the 
collective  handle  twist  grip,  replacing  the  PT6B-9  gas  generator 
control  at  that  location. 

PT6B-9  Gas  Generator  Control 

The  gas  generator  condition  lever  (Np)  was  relocated  from  the 
collective  handle  twist  grip  to  the  handle  previously  used  for  the 
jet  engine  control  (quadrant  lever).  TO  facilitate  recovery  from 
autorotations,  an  emergency  solenoid  actuator  was  added  to  move 
this  quadrant  lever  back  to  the  power-on  condition  upon  actuation 
of  a  switch  on  the  pilot's  collective  control. 

Collective  Control 

An  overriding  detent  was  incorporated  into  the  pilot  collective 
pitch  control  lever  at  0o  =  4.00  degrees,  the  optimum  blade  angle 
for  high  speed  flight  in  the  compound  helicopter  mode.  This  was 
a  spring  detent  which  could  be  overridden  by  the  pilot  but  would 
-eturn  the  handle  to  the  detent  position  when  released.  It  will 
rv'turn  the  handle  to  the  detent  only  from  positions  below  the 
de  v,ent . 


Zero-g  Hydraulic  Reservoir 

A  zero-g  type  hydraulic  system  reservoir  was  installed  to  provide 
hydraulic  fluid  pressure  to  the  intake  port  of  the  primary  system 
pump  regardless  of  the  flight  attitude  or  load  factor.  The  emer¬ 
gency  standby  system  still  operates  from  a  standpipe  reserve 
supply  contained  in  this  reservoir. 

Control  Bell  Cranks  and  Springs 


Capability  to  vary  cyclic  control  system  sensitivities  in  the 
longitudinal  and  lateral  axes  was  utilized  through  the  variation 
of  booster  input  and  output  bell  cranks  and  springs.  Since  the 
control  system  of  the  XH-51A  rigid  rotor  helicopter  is  basically 
a  rate-generating  system,  this  approach  was  utilized  to  attain  the 
desired  results. 


TABLE  I.  COMPOUND  HELICOPTER  DESCRIPTION 
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General 

Design  gross  weight 

4,500  lb 

Takeoff  gross  weight  -  neutral  eg 

5,165  lb 

Tatceoff  gross  weight  -  fwd  eg 

5,275  lb 

Fuel  capacity  (includes  220-lb- capacity 
torso  tank) 

100  lb 

Normal  crew  (plus  research  instrumentation) 

1 

J. 

Overall  length 

42.58  ft 

Maximum  ground  attitude  (tail  low) 

6  deg 

Roll  mass  moment  of  inertia  (including  rotor) 

1,500  siug-ft2 

Pitch  mass  moment  of  inertia  (including  rotor) 

3,180  slug-ft2 

Yaw  mass  moment  of  inertia  (including  rotor) 

3,800  slug-ft2 

Neutral  Center  of  Gravity  Range 

Full  Fuel  =  700  lb 

1,550  in. -lb  fwd  - 
19,650  in. -lb  It 

Main  Fuel  =  480  lb 

1,485  in. -lb  aft  - 
23,170  in. -lb  It 

Zero  Fuel 

0  in. -lb 

-20,900  in. -lb  It 

Forward  Center  of  Gravity  Range 

Pull  Fuel  =  700  lb 

9,500  in. -lb  fwd  - 
19,600  in. -lb  It 

Main  Fuel  =  480  lb 

6,070  in. -lb  fwd  - 
23,120  in. -lb  It 

Zero  Fuel 

6,875  in. -lb  fwd  - 
20,900  in. -lb  It 

Main  Rotor 

Type 

rigic 

Diameter 

35  r* 

Number  of  blades 

4 

Blade  Chord 

13-5  in. 

TABLE  I  -  (Continued) 


Main  Rotor  -  Continued 

Blade  Weight 

>6  It/' o'  ade 

Airfoil -section 

modified  MCA  0012 

Blade  taper 

0 

Blade  twist  (root  to  tip) 

-5  deg 

Rotational  axes  tilt 

6  deg  forward 

Hub  precone 

+3-2  deg 

Preset  blade  droop  @  sta  27.85 

-1  deg 

Disc  area 

962  sq  ft 

Solidity 

.0818 

Disc  loading 

L.68  psf 

Polar  moment  of  inertia 

1,013  slug-ft2 

Normal  operating  speed  (100^) 

355  rpm 

Blade  sweep 

1.4  deg  forward 

Control  Gyro 

Diameter 

Ti  in. 

Number  of  arms 

h 

Polar  moment  of  inertia 

7-5  siug-ft2 

Incidence  angle  of  arms 

5-0  deg 

Tail  Rotor 

Diameter 

72  in. 

Number  of  blades 

2 

Blade  chord 

8.5  in. 

Hub  type 

teetering 

Airfoil  section 

MCA  0012 

Blade  taper 

0 

Blade  twist  (root  to  tip) 

-4.35  deg 

TABLE  I  -  (Continued) 

Tail  Rotor  -  Continued 

Feathering  moment  balance  weights: 

Weight 

2.25  lb/ blade 

Arm 

3-0  in. 

Delta  -3  hinge 

15  deg 

•  Disc  area 

28.27  sq  ft 

Solidity 

.1503 

Pitch  change  travel 

27  deg  to  -8  deg 

Normal  operating  speed  (100$) 

2,085  rpro 

Wing 

Span  (nominal) 

16.83  ft 

Taper  ratio 

0.5 

Area 

70  sq  ft 

Aspect  ratio 

4.05 

Sweepback  (.25cj 

0 

Chord  (MAC) 

5' -72  in. 

Airfoil 

1W.C-.  :  >''12 

Incidence  (fixed) 

*  ?  deg 

Horizontal  Stabilizer 

Span 

..~C  in. 

Chord  (constant) 

26.4  in. 

Area 

19.3  sq  ft 

Aspect  ratio 

4.1 

Incidence 

-0.25  deg 

Airfoil  section 

NACA  0015 

Tip  weights 

8  Ib/side 

Vertical  Stabilizer 

Span 

41.75  in. 

Chord  (tip) 

38.5  in. 
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TABLE  I  -  (Continued ) 


Vertical  Stabilizer  -  Continued 


Chord  (root) 

51-5  in. 

Area 

12.58  sq 

ft 

Taper  ratio 

0.70 

Aspect  ratio 

0.95 

Airfoil  section 

modified 

NACA  UU?4 

Powerplants 

Primary 

Type 

Turboshaft  PT6B-9 

Maximum  power  (takeoff) 

550  SHP  9  sea  level 

Military  power  (30-minute  limit) 

500  SHP  9  sea  level 

Fuel  ’.ype 

JP-u 

Oil  type 

Turbo  35 

Auxiliary 

Type 

Turbojet 

J-60-P-2 

Military  thrust  9  250  to  270  KTAS 
(specification  engine-military  power  - 
standard  day  conditions  -  with  no 
losses  of  any  type) 

2,590  lb 
2,295  lb 
2,010  lb 

9  sea  luvel 
9  5,000  ft 

9  10,000  ft 

Fuel  type 

JP-U 

Oil  type 

Turbo  35 

Thrust  axis  inclination 

+7  deg 

AGILITY  AND  MANEUVERABILITY 


ENVELOPE  EXPANSION 

Power-On  Rotor  RPM/Airspeed  Envelope 

The  power-on  rotor  RPM/airspeed  envelope  is  presented  in  Figure  5  and 
represents  a  summary  of  test  conditions  evaluated  during  the  program. 

The  inner  boundary  line  indicates  the  extent  of  testing  at  neutral  cen¬ 
ters  of  gravity,  whereas  the  shaded  portion  indicates  the  envelope  ex¬ 
pansion  resulting  from  forward  centers  of  gravity. 

At  neutral  centers  of  gravity,  the  boundary  line  for  the  lower  rpm  set¬ 
tings  is  characterized  by  a  noticeable  decrease  in  rotor  damping  which 
results  in  a  feeling  of  reduced  stability  to  the  pilot.  The  pilots 
reported  that  the  aircraft  felt  as  though  it  were  undergoing  random 
rough  air  inputs. 

With  the  high  rotor  RIM  settings  at  neutral  centers  of  gravity,  the  bound¬ 
ary  line  is  due  primarily  to  an  overall  increase  in  vibration  levels  and 
is  associated  with  advancing  tip  Macn  numbers  in  excess  of  approximately 

0.91. 

Shifting  the  aircraft  center  of  gravity  forward  resulted  in  a  significant 
improvement  in  handling  characteristics  and  eliminated  random  rough  air 
motions  at  high  speed.  Longitudinal  control  response  and  aircraft  sensi¬ 
tivity  during  high  speed  flight  were  reduced  and  resulted  in  improved 
handling  characteristics, which  permitted  further  expansion  of  the  flight 
envelope  as  shown  in  Figure  5.  At  low  to  intermediate  rotor  RIM  settings, 
the  limits  of  the  outer  boundary  line  were  established  by  rotor  plane 
oscillations.  This  phenomenon  is  discussed  more  fully  in  the  section  on 
Rotor  Plane  Oscillations. 

At  the  highest  airspeed  flown  with  forward  center  of  gravity,  the  maximum 
available  auxiliary  thrust  was  used;  in  addition,  it  was  necessary  for 
the  aircraft  to  descend  to  meet  the  overall  power  requirements.  Above 
238  KTAS,  the  rotor  RPM  was  gradually  reduced  to  delay  the  effect  of 
advancing  tip  Mach  number  on  power  required,  vibration,  structural  loads, 
and  general  handling  characteristics. 
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Fower-On  Rotor  RPM  Envelope  as  a  Function 
of  True  Airspeed. 


Ample  control  margins  existed  in  those  areas  of  the  flight  envelope  where 
longitudinal  system  sensitivities  of  100,  83  and  66  percent  were  found  to 
be  operationally  suitable.  The  same  is  also  true  for  lateral  system 
sensitivities  of  15*+  and  200  percent. 

Figure  6  presents  the  collective  blade  angle/airspeed  test  envelope  and 
represents  an  approximate  summary  of  test  conditions  evaluated  during  the 
program  at  neutral  and  forward  centers  of  gravity.  This  envelope  covers 
an  operational  rotor  speed  range  from  90  to  100  percent  RIM. 

The  preceding  discussion  provides  a  general  view  of  test  conditions  ex¬ 
perienced  during  the  program.  Details  of  the  conditions  encountered  dur¬ 
ing  each  phase  of  testing  are  described  in  subsequent  sections  of  this 
report . 


Maximum  Airspeeds 


The  maximum  true  airspeed  attained  during  this  program  was  262.7  knots 
(302.6  mph).  Because  of  thrust  limitations  of  the  auxiliary  engine,  this 
speed  was  reached  in  a  shallow  descent  of  approximately  800  to  1000  feet 
per  minute.  With  the  rotor  operating  at  95-5  percent  RIM,  the  advancing 
tip  Mach  number  was  0.942  with  a  tip  speed  ratio  cf  0.716.  The  aircraft 
was  flown  with  the  center  of  gravity  approximately  1.5  inches  forward  of 
the  rotor  mast  wjth  an  83  percent  longitudinal  system  sensitivity.  The 
forward  center  of  gravity  provided  a  near-constant  level  of  stability 
with  increasing  airspeed.  This  effect  enabled  the  maximum  true  airspeed 
to  be  extended  approximately  20  knots  beyond  the  maximum  speed  attained 
with  a  neutral  center  of  gravity. 

A  maximum  true  airspeed  of  223-5  knots  was  obtained  with  a  forward  center 
of  gravity  and  91  percent  rotor  speed.  Under  this  condition,  the  tip 
speed  ratio  is  0.638  and  the  advancing  tip  Mach  number  is  0.860. 
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With  a  neutral  center  of  gravity,  a  maximum  true  airspeed  of  245  knots 
(282  mph)  was  attained.  The  aircraft  was  in  a  slight  climb  at  this 
speed  with  the  rotor  operating  at  96  percent  RIM.  The  advancing  tip  Mach 
number  was  0.937  with  a  tip  speed  ratio  of  0.650.  At  91  percent  rotor 
speed  the  maximum  true  airspeed  attained  was  194.5  knots,  resulting  in  a 
tip  speed  ratio  of  0.55&  and  an  advancing  tip  Mach  number  of  O.838. 

The  preceding  information  presented  5n  this  section  is  summarized  in 
Table  II. 


11 


TABLE  II.  SUMMARY  OF  MAXIMUM  AIRSPEED  CONDITIONS 

KTAS 

MACH  NO. 

%  - 

CG 

262.7 

.942 

.716 

95-5 

Fwd 

223.5 

.860 

.638 

91.0 

Fwd 

245.0 

•  937 

.650 

98.0 

Neutral 

194.5 

.838 

•  556 

91.0 

Neutral 

Data  obtained  at  both  forward  and  neutral  centers  of  gravity  in  high-speed 
flight  above  2C0  knots  indicate  a  slight  decrease  in  the  margin  of  static 
longitudinal  stability,  even  though  the  overall  handling  characteristics 
of  the  aircraft  are  significantly  better  at  forward  centers  of  gravity. 

The  pilots  reported  o  slight  decrease  in  static  longitudinal  stability  and 
an  increase  in  sensitivity  of  the  longitudinal  control  as  flight  speeds 
exceeded  approximately  200  knots.  This  was  particularly  true  for  the 
neutral  center  of  gravity  position.  However,  a  shift  of  the  center  of 
gravity  to  the  1.5-inch  forward  location  tended  to  compensate  for  these 
characteristics  at  the  higher  speeds.  A  rapid  increase  in  IP  and  4P 
vibration  was  noted  as  the  maximum  airspeeds  were  approached.  Pilot 
observations  indicated  a  slightly  lower  level  of  4P  vibration  with  the 
forward  center  of  gravity. 


Maneuvering  Envelope 

As  shown  in  Figure  7,  the  maneuvering  envelope  was  expanded  well  above 
the  proposed  target  maneuvering  envelope.  These  load  factors  are  refer¬ 
enced  to  the  design  gross  weight  of  4500  pounds.  Modifications  made  dur¬ 
ing  previous  programs  along  with  those  required  prior  to  starting  this 
program  resulted  in  a  takeoff  weight  increase  to  5275  pounds,  775  pounds 
above  the  design  value  of  4500  pounds.  To  be  consistent  with  results 
previously  reported  for  the  4500-pound  aircraft,  the  load  factors  presented 
in  Figure  7  for  the  test  envelope  are  those  attained  in  flight  multiplied 
by  the  actual  weight  at  the  test  condition/4500.  The  maximum  load  factor 
of  2.8lg  was  obtained  at  225  KTAS.  The  minimum  load  factor  of  -0.025g  was 
obtainea  at  150  KTAS.  The  forward  speed  was  expanded  to  262.7  KTAS 
(234.0  KEAS).  The  high  load  factor  points  at  speeds  below  220  KTAS  were 
obtained  with  a  rotor  RIM  of  100  percent.  The  points  at  maximum  speed 
were  with  a  rotor  RIM  of  95-5  percent. 

Tables  III  and  IV  summarize  the  boundaries  of  the  flight  envelope  investi¬ 
gated  during  the  program  and  the  goals  which  were  achieved  at  neutral  and 
forward  centers  of  gravity,  respectively. 
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TABLE  III.  SIMMARY  OF  TEST  CONDITIONS 

-  NEUTRAL  CG 

Maximum  equivalent  airspeed  @  9&%  ND 

A 

221.5  knots 

Maximum  true  airspeed  @  9&%  N^ 

245  knots 

Auxiliary  thrust  required  @  max  TAS 

1950  lb  * 

Engine  power  required  @  max  TAS 

245  SHP 

Test  pressure  altitude  @  max  TAS 

5160  ft 

Test  density  altitude  @  max  TAS 

6700  ft 

Maximum  equivalent  airspeed  @  91% 

174  knots 

Maximum  true  airspeed  @  91%  ND 

A 

194.5  knots 

Maximum  takeoff  gross  weight  flown 

5165  lb 

Maximum  and  minimum  load  factors 

corrected  to  the  design  gross  weight 

of  4500  lb 

2.8lg  @  195  KIAS 

2  7Qg  @  158  KTAS 

2.46g  @  215  KTAS 

2.34g  @  70  KTAS 

1.43g  @  245  KTAS 

0.72g  @  242  KTAS 

0.22g  @  235  KTAS 

Maximum  autorotation  entry  speed 

212  KIAS 

Lowest  collective  blade  angle  evaluated 

1.45°  e 

o 


*  Maximum  available  auxiliary  thrust  for  the  test  conditions 
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TABLE  IV.  SUMMARY  OF  TEST  CONDITIONS 

-  FORWARD  CG 

Maximum  equivalent  airspeed  <9  95-5^  Nn 

XI 

234  knots 

Maximum  true  airspeed  ©  95. 5^  NR 

262.7  knots 

Auxiliary  thrust  required  ©  max  TAS 

1880  lb  * 

Engine  power  required  @  max  TAS 

250  SHP 

Test  pressure  altitude  <§  max  TAS 

5550  ft 

Test  density  altitude  S  max  TAS 

7750  ft 

Maximum  equivalent  airspeed  ©  91%  ND 

K 

220.5  knots 

Maximum  true  airspeed  ©  91%  NR 

223-5  knots 

Maximum  takeoff  gross  weight  flown 

5275  lb 

Maximum  and  minimum  load  factors 
corrected  to  the  design  gross 
weight  of  4500  pounds 

2.8lg  ©  225  KIAS 
2.51g  ©  193  KTAS 
2.37g  ©  55  KTAS 
2.26g  ©  150  KTAS 
1.51g  8  262  KTAS 
o.gig  ©  261  KTAS 
0.5Sfe  8  193  KTAS 
-0.025g  8  150  KTAS 

Maximum  autorotation  entry  speed 

232  KTAS 

Lowest  collective  blade  angle  evaluated 

3.500  eo 

*  Maximum  available  auxiliary  thrust  for  the  test 

conditions 
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CONTROL  RESPONSE  AND  SHORT  PERIOD  DAMPING 


ritudinal  Control  Rest 


Longitudinal  control  response  as  defined  by  the  steady-state  angular  pitch 
rate  per  inch  of  longitudinal  cyclic  control  input,  was  evaluated  over  the 
airspeed  envelope  as  a  function  of  both  rotor  RPM  and  longitudinal  system 
sensitivity. 

Figures  8  and  9  indicate  that  longitudinal  control  response  is  relatively 
unaffected  by  changes  in  rotor  RFM  and  collective  blade  angle.  However, 
as  summarized  in  Figure  10,  longitudinal  control  response  varies  directly 
with  both  airspeed  and  system  sensitivity. 

As  reported  in  Reference  1,  aircraft  longitudinal  response  becomes  in¬ 
creasingly  sensitive  to  pilot  inputs  at  high  forward  speeds.  To  deter¬ 
mine  whether  a  simple  change  in  the  longitudinal  system  sensitivity*  would 
be  effective  in  controlling  this  characteristic  without  adversely  affect¬ 
ing  other  control  aspects,  the  control  system  geometry  was  modified  so 
that  additional  system  sensitivities  of  83  and  66  percent  of  nominal  could 
be  examined.  The  longitudinal  system  sensitivity  is  decreased  between  the 
hydraulic  booster  and  the  rotor  system  and  thus  does  not  change  the  total 
available  stick  travel  in  the  longitudinal  axis.  Therefore,  larger  control 
motions  are  required  to  produce  a  given  pitch  rate  as  the  longitudinal 
system  sensitivity  is  decreased. 

Changing  the  system  sensitivity  had  no  significant  effect  on  the  vehicle's 
initia^  response  characteristics  to  a  step  input.  It  takes  approximately 
0.25  second  for  the  aircraft  to  respond  to  a  longitudinal  step  input  at 
all  system  sensitivities. 

With  a  system  sensitivity  of  83  percent  at  neutral  center  of  gravity,  con¬ 
trol  response  is  comfortable  at  speeds  up  to  about  l8C  KTAS.  At  higher 
speeds,  however,  aircraft  longitudinal  response  is  considered  to  be  exces¬ 
sive  when  cyclic  inputs  are  made  unless  special  piloting  precautions  are 
observed.  This  is  due  not  only  to  the  increased  control  response  but 
also  to  the  fact  that  load  factor  varies  as  the  product  of  pitch  rate  »nd 
airspeed  and  magnifies  the  apparent  response  of  the  helicopter. 

The  longitudinal  system  sensitivity  was  further  reduced  to  66  percent  to 
determine  how  much  this  would  improve  the  high-speed  handling  character¬ 
istics.  These  results  are  also  shown  in  Figure  10.  As  expected,  this 
resulted  in  a  reduction  in  control  response  and  increased  the  optimum 


Mechanical  changes  in  the  control  system  are  ^-eferred  to  as  system 
sensitivity  changes  throughout  this  report. 
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LONGITUDINAL  CONTROL  RESPONSE  -  DEG/SEC/IN 


Figure  8.  Longitudinal  Control  Response  as  a  Function  of  True 
Airspeed  -  Effect  of  Rotor  RIM  -  Neutral  CG. 
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speed  range  to  approximately  200  to  235  KIAS.  At  true  airspeeds  less  than 
200  knots,  this  reduction  in  system  sensitivity  requires  larger  control 
inputs  to  maneuver  the  helicopter  witu  attendant  higher- than-desired  con¬ 
trol  forces.  At  speeds  beyond  235  KTAS,  longitudinal  aircraft  response  is 
still  above  the  desired  level. 

In  view  of  these  results,  it  is  felt  that  simple  changes  in  the  control 
system  geometry  aid  in  handling  the  high-speed  longitudinal  response  pro¬ 
blem.  It  is  also  clear  that  a  single  longitudinal  system  sensitivity  is 
probably  not  adequate  for  all  speeds  throughout  tne  flight  envelope. 

A  further  attempt  was  made  to  lower  the  high-speed  longitudinal  response 
by  evaluating  the  effect  of  shifting  the  aircraft  center  of  gravity  for¬ 
ward.  This  change  was  quite  successful  in  that  the  overall  longitudinal 
response  was  significantly  reduced  at  the  higher  airspeeds.  The  aircraft 
was  flown  with  a  100  percent  system  sensitivity,  and  the  results  are 
shown  in  Figure  11.  Also  included  for  comparison  purposes  in  Figure  11 
are  the  previous  data  obtained  at  a  neutral  center  of  gravity,  which  have 
been  r^tioed  up  to  a  100  percent  system  sensitivity.  Examination  of  these 
two  sets  of  da^.  indicates  that  the  forward  center  of  gravity  provides 
near-constant  longitudinal  control  response  with  increasing  airspeed. 

This  is  more  desirable  than  the  characteristics  at  neutral  center  of 
gra  trity,  wherein  the  aircraft  becomes  more  sensitive  with  i:  creasing  air¬ 
speed  and  requires  additional  desensitizing  of  the  longitudinal  cyclic 
control.  Comparison  of  Figures  10  and  11  indicates  that  with  a  forward 
center  of  gravity  at  200  KIAS,  the  steady-state  pitch  rate  is  almost  the 
same  with  100  percent  system  sensitivity  as  it  is  with  66  percent  sensi¬ 
tivity  at  neutral  center  of  gravity. 

The  improvement  in  handling  characteristics  was  quite  evident,  since 
higher  airspeeds  were  attained  with  the  100  percent  system  sensitivity  at 
forward  center  of  gravity  than  were  possible  with  the  66  percent  system 
sensitivity  at  neutral  center  of  gravity.  A  further  optimization  of  the 
high-speed  handling  characteristics  was  obtained  by  using  the  83  percent 
system  sensitivity,  which  permitted  speed  extension  to  262.7  KTAS.  It  is 
evident  that  center  of  gravity  location  is  an  important  consideration  with 
regard  to  the  longitudinal  handling  and  response  characteristics  of  high¬ 
speed  helicopters. 


Longitudinal  Short-Period  Damping 

Pulse  inputs  were  conducted  to  evaluate  long: tudinal  short-period  damping 
characteristics  over  the  airspeed  envelope  at  a  neutral  center  of  gravity, 
figures  12  and  13  present,  the  results  obtained  above  220  KIAS  at  100  per¬ 
cent  rotor  speed  with  system  sensitivities  of  83  and  66  percent,  respec¬ 
tively.  Examination  of  these  data  indicates  that  the  short  period  dis¬ 
turbance  is  well  damped,  requiring  less  than  one-half  cycle  to  damp.  As 
expected,  system  sensitivity  appears  to  have  little  or  no  effect  on  longi¬ 
tudinal  sl»ort -period  damping. 
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LONGITUDINAL 

CONTROL  LATERAL  CONTROL 
POSITION -IN.  POSITION -IN.  PITCH  RATE  -  DEG/SEC 


EL'PSED  TIME  -  SECONDS 


Figure  12.  Time  History  of  Longit udine  L  Short-Period 

Damping  -  83j6  Longitudinal  System  Sensitivity  - 

Neutral  CG. 
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Figure  13.  Time  History  of  Longitudinal  Short-Period  Damping 
66^  Longitudinal  System  Sensitivity  -  Neutral  CG. 


Figures  14  and  15  present  short-period  damping  at  rotor  speeds  of  ICO  and 
91-5  percent.  These  data  were  obtained  at  a  true  airspeed  of  150  knots 
and  indicate  that  rotor  RIM  has  little  or  no  effect  on  short-period  damp¬ 
ing.  The  same  type  of  results  was  obtained  at  other  airspeeds  with  varia 
tions  in  rotor  rpm- 

Pilot  observations  of  these  characteristics  confirmed  the  strong  damping 
in  the  longitudinal  axis.  Qualitative  evaluations  conducted  over  the 
airspeed  envelope  at  forward  centers  of  gravity  indicated  that  the  air¬ 
craft  continued  to  be  well  damped  in  the  longitudinal  axis. 

The  results  obtained  from  longitudinal  control  response  and  short-period 
damping  evaluations  are  summarized  in  'feble  V. 


TABLE  V.  SUMMARY  OF  LONGITUDINAL  CONTROL  RESPONSE  AND 
SHORT-PERIOD  DAMPING  TEST  RESULTS 


1.  Varies  directly  with  airspeed 

2.  Varies  directly  with  system  sensitivity 
3-  Invariant  with  collective  position 

4.  Invariant  with  rotor  RIM 


1.  Nearly  invariant  with  airspeed 

2.  Varies  directly  with  system  sensitivity 
3-  Invariant  with  collective  position 

4.  Invariant  with  rotor  RIM 


1.  Varies  directly  with  airspeed 

2.  Invariant  with  system  sensitivity 
3-  Invariant  with  collective  position 
4.  Invariant  with  rotor  RIM 


Longitudinal 

Control 

Neutral 

CC 

Response 

Forward 

CG 

Longitudinal 

Short-Period 

Damping 

Neutral 

CG 

Forward 

CG 

to  be  weli  damped 


Lateral  Control  Response 


Lateral  control  response,  as  defined  by  the  steady-state  angular  roll 
rate  per  inch  of  lateral  cyclic  control  input,  was  evaluated  over  the 
airspeed  envelope  as  a  function  of  lateral  system  sensitivity  and  rotor 
RIM. 


2S 


ELAPSED  TIME  -  SEC 


Figure  14.  Ti»e  History  of  Longitudinal  Short-Period 
Damping  -  Kp  =  100)6  -  Neutral  CG. 
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Figure  15.  Time  History  of  Longitudinal  Short-Period 
Damping  -  Hp  =  91-5^  -  Neutral  CG. 
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As  reported  in  Reference  1,.  the  overall  lateral  control  sensitivity  of  the 
aircraft  was  lower  than  desirable  for  maneuverability  at  high  speeds.  To 
determine  whether  an  improvement  in  the  lateral  handling  characteristics 
could  be  obtained  without  adversely  affecting  other  control  aspects,  the 
control  system  geometry  was  modified  so  that  system  sensitivities  of  154 
and  200  percent  of  nominal  could  be  examined.  In  the  lateral  control  sys¬ 
tem,  the  sensitivity  is  increased  between  the  cyclic  control  stick  and 
hydraulic  booster.  This  modification  reduces  the  total  stick  travel  in 
the  lateral  axis  by  an  amount  proportional  to  the  increase  in  sensitivity. 
Therefore,  smaller  control  inputs  are  required  to  produce  a  given  roll  rate 
as  the  lateral  system  sensitivity  is  increased. 

System  sensitivity  had  no  significant  effect  on  the  vehicle’s  response 
characteristics  to  a  step  input.  It  takes  approximately  0.15  second  for 
the  aircraft  to  respond  to  a  lateral  step  input  for  all  system  sensitivi¬ 
ties. 

Figure  16  summarizes  -the  variations  of  lateral  control  response  with  both 
system  sensitivity  and  airspeed.  An  increase  in  system  sensitivity  from 
154  to  200  percent  results  in  approximately  a  30  percent  higher  rate  of 
roll  per  inch  of  control  input.  lateral  control  response  is  relatively 
constant  from  60  to  150  KTAS,  but  it  decreases  at  an  increasing  rate  above 
this  speed.  With  a  system  sensitivity  of  200  percent,  the  lateral  control 
response  is  16.5  deg/sec/in.  at  150  KTAS  and  is  reduced  to  13-5  deg/sec/in. 
at  220  KTAS.  Although  the  control  response  decreases  with  airspeed,  an 
adequate  level  is  available  above  250  KTAS*  These  data  were  obtained  at 
various  collective  blade  angles  with  rotor  speeds  of  100,  95,  and  90  per¬ 
cent.  The  results  indicate  that  lateral  control  response  is  relatively 
unaffected  by  changes  in  collective  blade  angle  and  rotor  RIM. 

The  pilots  reported  that  lateral  control  response  felt  comfortable  at  the 
200  percent  system  sensitivity.  However,  control  system  cross-coupling 
characteristics  were  somewhat  magnified.  With  a  left  roll  input,  the  air¬ 
craft  pitches  nose-down;  during  a  right  roll  input,  a  nose-up  tendency 
occurs.  Pilot  observations  indicated  that  cross-coupling  characteristics 
are  more  noticeable  at  the  66  percent  longitudinal  system  sensitivity. 

'2hile  this  characteristic  is  annoying,  it  is  not  considered  to  be  of  suffi¬ 
cient  magnitude  to  cause  any  concern. 

Lateral  Short-Period  Damping 

Pulse  inputs  were  conducted  to  evaluate  lateral  short-period  damping 
characteristics  over  the  airspeed  envelope.  Figures  17  and  18  present  the 
results  obtained  at  an  airspeed  of  224  KTAS  at  100  percent  rotor  speed  with 
system  sensitivities  of  154  ar.d  200  percent,  respectively.  Examination  of 
these  data  indicates  that  the  short-period  disturbance  is  well  damped  and 
does  not  degrade  the  high-speed  handling  cnaracteristics  of  the  aircraft. 
System  sensitivity  has  no  effect  on  lateral  sho  -eriod  damping. 
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Figures  19  and  20  present  short-period  damping  at  rotor  speeds  of  100  and 
90  percent.  These  data  were  obtained  at  a  nominal  true  airspeed  of  150 
knots,  and  they  indicate  that  as  rotor  RIM  is  reduced  below  100  percent, 
there  is  essentially  no  degradation  in  roll  damping.  The  2.5-cps  roll 
oscillation  superimposed  on  the  roll  rate  trace  is  simply  the  body  res¬ 
ponding  at  its  natural  roll  frequency.  This  frequency  seems  to  be  inde¬ 
pendent  of  rotor  RIM. 

Pilot  observations  of  these  characteristics  confirmed  the  strong  damping 
in  roll. 

The  results  obtained  from  lateral  control  response  and  short-period  damp¬ 
ing  evaluations  are  summarized  in  Table  VI. 


TABLE  VI. 

SdtiARY  OF  LATERAL  CONTROL  RESPONSE  AND 
SHORT-PERIOD  DAMPING  TEST  RESULTS  AT 

NEUTRAL  CG 

1.  Invariant  with  airspeed  from  60  to  1|J0  KTAS 

Lateral 

2.  Decreases  at  an  increasing  rate  above  150  KTAS 

Control 

3.  Varies  directly  with  system  sensitivity 

Response 

4.  Invariant  with  collective  position 

5-  Invariant  with  rotor  REM 

Lateral 

1.  Invariant  with  system  sensitivity 

Short-Period 

2.  Invariant  with  airspeed 

Damping 

3.  Invariant  with  rotor  RFM 

MANEUVERING  STABILITY 


Turning  Flight; 

Maneuvering  stability  during  steady  turns,  in  terms  of  the  longitudinal 
cyclic  control  force  required  to  produce  normal  load  factors,  was  mea¬ 
sured  by  entering  a  steady  descending  turn  from  a  trimmed,  level-flight 
condition  for  a  given  collective  blade  angle  and  rotor  HIM  setting.  J-60 
engine  thrust  was  maintained  at  the  trim  setting,  and  the  radius  of  turn 
was  decreased  to  product  the  desired  g  level.  This  is  a  conventional 
technique  which  provides  a  method  for  obtaining  reliable  and  repeatable 
data 
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Figure  19 .  Time  History  of  Lateral  Snort-Period  Damping  - 
N_  =  100£  -  Neucral  CG. 
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KATE  -  DEG 


The  results  of  these  tests  are  summarized  ir.  Figures  21  and  22  as  a  func¬ 
tion  of  airspeed  for  various  collective  bla~’  angles  and  rotor  speeds. 

The  maneuvering  force  gradient  is  unaffected  by  the  initial  rotor  RIM 
setting  over  the  airspeed  envelope.  This  means  that  the  stick  force 
required  to  obtain  a  particular  load  factor  for  a  given  set  of  test  con¬ 
ditions  does  ,.ct  vary  due  to  changes  in  the  initial  rotor  RIM  setting. 

Although  rotor  REM  does  not  affect  maneuvering  stability,  the  maximum  load 
factor  attainable  in  turning  flight  can  he  limited  by  a  rotor  overspeed 
condition.  Test  results  indicate  that  tne  rotor  can  go  into  autorotation 
at  various  combinations  of  airspeed,  collective  blade  angle,  initial  rotor 
RPM,  and  load  factor.  If  an  upper  power-off  RIM  limit  5s  observed,  there 
is  a  maximum  load  factor  for  a  given  set  of  test  conditions.  A  more  com¬ 
plete  discussion  of  such  effects  is  included  in  a  subsequent  section  of 
this  report. 

The  pilots  reported  that  once  they  became  aware  of  this  overspeed  condi¬ 
tion,  it  was  quite  easy  to  control  rotor  RPM  by  easing  off  on  load  factor 
to  avoid  exceeding  the  upper  RPM  limit. 

Reference  to  Figure  21  indicates  that  for  a  given  collective  blade  angle, 
the  stick  force  per  g  remains  positive  over  the  airspeed  envelope  but 
decreases  with  both  increasing  airspeed  and  load  factor.  Maneuvering 
stability  is  also  decreased  by  increasing  the  collective  blade  angle  set¬ 
ting  at  a  given  airspeed. 

Although  the  force  gradient  becomes  lighter  with  airspeed  for  a  given 
load  factor  and  collective  blade  angle,  the  preceding  data  indicate  that 
an  adequate  level  of  maneuvering  stability  exists  within  the  entire 
operational  blade  angle  and  airspeed  envelope. 

The  effect  of  varying  longitudinal  system  sensitivity  on  maneuvering  sta¬ 
bility  in  turning  flight  is  shown  in  F.gure  22  over  a  true  airspeed  range 
of  55  to  220  knots .  The  maneuvering  force  gradient  increases  as  the 
longitudinal  system  sensitivity  is  decreased.  Desensitization  of  the 
longitudinal  control  requires  larger  stick  deflections  to  produce  the 
pitch  rate  required  to  obtain  a  given  load  factor.  In  turn,  the  increase 
in  stick  displacement  provides  an  additional  force  contribution  from  the 
longitudinal  feel  spring  and  results  in  an  overall  increase  in  the  level 
of  maneuvering  stability.  At  a  system  f  \ivity  of  83  percent,  maneu¬ 
vering  stability  varies  from  U1.5  lb/g  >.  KTAS  to  16.5  lb/g  at  220 
KTAS  for  a  load  factor  of  1.50g.  A  decrease  in  system  sensitivity  to  66 
percent  results  in  a  mineuvering  force  gradient  of  19.0  lb/g  at  a  load 
factor  of  1.50g  at  a  speed  of  220  KTAS. 

The  pilots  retorted  that  with  a  66-percent  system  sensitivity,  the  maneu¬ 
vering  force  gradient  and  response  of  the  helicopter  feel  best  at  speeds 
in  excess  of  200  KTAS,  Below  this  airspeed, the  stick  forces  are  consi¬ 
dered  to  be  excessive  if  held  for  any  length  of  time.  However,  stabiliz¬ 
ing  at  any  test  point  was  accomplished  without  difficulty. 
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Figure  22.  Vuriation  of  Maneuvering  Stability  with  True  Airspeed  During  Steady  Turns 
Effect  of  Longitudinal  System  Sensitivity  -  Neutral  CO. 


All  turning  flight  maneuvering  stability  testing  was  conducted  at  neutral 
center  of  gravity. 

The  preceding  test  results  indicate  that  speed  and  load  factor  have  less 
effect  on  the  maneuvering  capability  of  the  XH-51A  compound  helicopter 
operating  in  the  compound  mode  than  in  the  pure  helicopter  mode,  or  than 
on  a  conventional  XH-51A  helicopter  (see  References  1  and  2). 

Symmetrical  Pull-ups 

Maneuvering  stability  during  symmetrical  pull-ups,  in  terms  of  the  longi¬ 
tudinal  cyclic  control  force  required  to  produce  normal  load  factors, 
was  measured  by  trimming  at  the  test  altitude  and  airspeed  for  a  given 
collective  blade  angle  and  initial  rotor  KFM.  The  aircraft  was  pulled 
up  to  a  higher  altitude,  thus  allowing  airspeed  to  bleed  off.  This  was 
followed  by  pushing  over  to  the  trim  airspeed  and  initiating  a  constant 
load  factor  pull-up,  trying  to  hit  the  target  load  factor  when  level  a 
the  trim  altitude.  This  technique  permits  more  consistent  results  by 
eliminating  much  of  the  dynamics  of  the  maneuver  and  by  allowing  the 
pilot  a  1'iiger  time  period  to  stabilise.  Moreover,  recovery  from  the 
cancuvar  wm  simplified  because  of  the  near-level  attitude  of  the  air¬ 
craft  at  the  test  altitude  and  target  load  factor. 

The  results  of  these  tests  are  shown  in  Figures  23  and  24  for  neutral  and 
forward  centers  of  gravity,  respectively.  Ac  in  the  case  for  turning 
flight,  maneuvering  stability  is  unaffected  by  the  initial  rotor  HBt 
setting  and  decreases  with  both  increasing  airspeed  and  collective  blade 
angle.  Also,  comparison  of  the  data  in  Figure  23  witu  the  results  obtained 
durii^s  steady  turns  indicates  that  a  lower  level  of  rorce  gradient  is 
achieved  in  a  syK._cri.eal  pull-up  at  the  same  test  conditions.  This 
result  was  expected,  since  the  higher  pitch  rate  required  to  produce  a 
given  load  factor  in  a  turn  results  in  a  larger  longitudinal  cyclic  con¬ 
trol  displacement  from  trim,  thereby  producing  higher  stick  forces. 

The  effect  of  varying  longitudinal  system  sensitivity  on  maneuvering  sta¬ 
bility  in  symmetrical  pull-iq>s  is  shown  in  Figure  25  over  a  true  airspeed 
range  of  55  to  220  knots,  /he  increase  in  data  scatter  that  occurs  dur¬ 
ing  symmetrical  pull-up  testing  has  a  tendency  to  mask  the  effect  of 
changing  system  sensitivity.  However,  the  majority  of  testing  was  per¬ 
formed  at  neutral  center  of  gravity  with  a  system  sensitivity  of  83 
percent,  and  this  data  was  used  to  establish  the  baseline  fairing  for 
calculating  the  maneuvering  stability  at  system  sensitivities  of  66  and 
100  percent.  As  the  system  sensitivity  is  reduced,  larger  control  motions 
are  required  to  produce  the  pitch  .ate  needed  to  obtain  a  given  load  fac¬ 
tor.  This  results  in  a  larger  force  contribution  from  the  longitudinal 
feel  spring  and  therefore  raises  the  overall  level  of  maneuvering  sta¬ 
bility.  At  a  system  sensitivity  of  83  percent,  maneuvering  stability 
varies  frcn  28.0  lb/g  at  60  KTA3  to  14.5  lb/g  at.  220  KIAS  for  neutral 
center  of  gravity  at  a  load  factor  cf  1.50g. 
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Maneuvering  Stability  During  Symmetrical  Pull-Ups  as  a  Function  of  True  Aii  speed 
for  Various  Collective  Blade  Angles  and  Rotor  RPM  Settings  -  Neutral  CG. 
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Figure  24.  Maneuvering  Stability  During  Symmetrical  Pull-Ups 
as  a  Function  of  True  Airspeed  For  Various  Collec¬ 
tive  Blade  Angles  and  Rotor  RPM  Settings  -  Forward  CG. 
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Variation  of  Maneuvering  Stability  with  True  Airspeed  During  Symmetrical  Pull-Ups 
Effect  of  Longitudinal  System  Sensitivity  -  Neutral  and  Forward  CO. 


Comparison  of  Figures  22  and  25  again  illustrates  that  the  level  of 
maneuvering  stability  is  lower  during  a  synmetrical  pull-up  V  a..  it  is 
in  a  turn  at  the  same  test  conditions.  This  result,  as  stated  previous¬ 
ly,  is  attributable  to  the  fact  that  a  higher  pitch  rate,  henc...-  a  larger 
control  deflection,  is  required  to  obtain  a  given  load  factor  in  a  turn. 
It  follows  that  the  larger  control  displacement  from  trim  results  in 
higher  control  forces. 

Examination  of  Figure  25  also  indicates  that  maneuvering  stability  is 
higher  when  the  center  of  gravity  is  shifted  forward.  At  forward  centers 
of  gravity  with  a  system  sensitivity  of  100  percer.t  the  level  of  maneu¬ 
vering  stability  is  almost  the  same  as  a  system  sensitivity  of  66  percent 
at  a  neutral  center  of  gravity.  This  result  is  reasonable  since  the  con¬ 
trol  response  at  forward  centers  of  gravity  is  less  than  that  obtained  at 
a  neutral  center  of  gravity,  larger  control  motions  are  required  to 
generate  the  pitch  rate  needed  to  obtain  a  given  lead  factor  with  atten¬ 
dant  higher  control  forces  due  to  the  longitudinal  feel  spring. 

Table  VII  summarizes  the  results  obtained  from  maneuvering  stability 
tenting. 


TABLE  VII.  SUMMARY  OF  MAHEUVEBI1B  STABILITY  TEST  RESULTS 


1.  Maneuvering  stability  varies  inversely  with  airspeed 

2.  Maneuvering  stability  varies  inversely  with  load  factor 

3.  Maneuvering  stability  varies  inversely  with  collecti’-e 
position 

4.  Maneuvering  stability  varies  inversely  with  longitudinal 
system  sensitivity 

5.  Maneuvering  stability  is  invariant  with  the  initial  rotor 
HBt  setting 

6.  Maneuvering  stability  increases  as  the  center  of  gravity 
is  moved  forward 


Pilot  observations  indicate  that  longitudinal  system  sensitivity  has  a 
noticeable  effect,  on  maneuvering  stability  in  that  a  higher  level  of 
maneuvering  stability  exists  with  a  decreased  system  sensitivity.  The 
pilots  also  eported  that,  except  for  the  83  percent  system  sensitivity 
data  points  at  neutral  center  of  gravity,  load  .'actor  values  were  easily 
anticipated  and  controlled  during  symtetric&l  pull-up  maneuvers.  At  83 
percent  systev  sensitivity  and  neutral  center  of  gravity,  there  was  a 

tendency  to  overs  loot  high  load  factor  points  -  because  of  the  higher  air-  { 

craft  response  to  a  giver,  control  input  -  resulting  in  rotor  overspeed.  ( 
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This  would  cause  the  pilot  to  ease  off  on  the  longitudinal  control  and 
would  give  him  the  feeling  of  lower  maneuvering  capability.  At  forward 
center  of  gravity, the  aircraft's  longitudinal  response  to  a  given  control 
input  was  lower;  and  this  feeling  was  not  encountered  wi^h  a  100-percent 
longitudinal  system  sensitivity. 

Rotor  RIM  Characteristics 

During  the  maneuvering  stabili+y  resting, it  was  found  that  at  higher  load 
factors  it  is  possible  for  the  rotor  to  overspeed  as  a  result  of  autoro¬ 
tation.  The  amount  of  over spec  ’  depends  on  airspeed,  collective  blade 
angle,  initial  RIM  setting,  and  the  type  and  severity  of  the  maneuver. 

This  condition  is  accentuated  somewhat,  because  of  the  low  rotor  lift- 
associated  with  compound  vehicles,  and  also  because  of  their  greater 
high-speed  maneuvering  capability  as  compared  with  that  of  conventional 
helicopters . 

An  example  of  this  is  shown  in  Figure  26  for  steady-state  conditions. 

These  data  are  for  a  constant  150  KTAS  and  show  the  variation  of  RIM  with 
load  factor  for  various  collective  blade  angles  and  initial  REM  settings. 
The  gentle  slope  seen  in  the  data  as  the  .load  factor  first  exceeds  lg 
reflects  the  engine  governor  response  to  the  reduction  in  power  required. 
Under  these  conditions  the  governor  is  able  to  maintain  the  initially 
selected  RIM  setting  reasonably  well  until  the  shaft  horsepower  drops  to 
zero.  This  control  is  tho  reason  for  the  separate  fairings  for  each  of 
the  initial  RPM  settings. 

At  the  break  in  the  curves,  the  power  requirements  of  the  rotor  are  zero 
and  the  engine  no  longer  controls  rotor  RIM.  At  load  factors  beyond  this 
point,  therefore,  the  rotor  is  in  autorotation  and  the  steeper  slope  is 
the  variation  of  RPM  with  load  factor  for  this  condition.  Naturally, 
there  is  only  a  single  fairing  which  depends  on  the  collective  blade  angle 
and  airspeed,  and  it  is  independent  of  the  initial  RIM  setting.  There  is 
another  factor,  however,  which  seems  to  affect  the  RPM/g  characteristics 
in  autorotation.  This  is  the. type  of  maneuver  performed  to  develop  a 
given  load  factor.  As  shown  in  Figure  24,  synmetrical  pull -ups  were 
found  to  have  a  lesser  effect  on  rotor  overspeed  than  were  iteady  turns 
at  the  same  load  factor.  In  spite  of  this,  pilots  reported  several  in¬ 
stances  of  transient  overspeed  during  pull-ups  in  nap-of-the-earth  flying. 
While  this  is  believed  to  be  due  to  the  severity  of  the  maneuver,  data  in 
this  area  sure  limit e^.  Additional  investigations  are  taerefore  required 
before  any  definite  conclusions  can  be  drawn. 

However,  based  on  the  experience  gained  during  this  program,  some  general 
observations  can  be  made.  First,  overspeeds  are  most  likely  to  occur 
in  the  region  cf  l4o  to  200  knots.  At  speeds  below  140  knots,  collective 
blade  angles  are  generally  higher,  and  thus  the  power  requirements  of  the 
rotor  are  high.  This  provides  more  margin  from  autorotation  during 


maneuvering.  At  speeds  beyond  200  knots,  rotor  power  requirements  are 
also  fairly  high  even  though  collective  blade  angles  are  low.  Moreover, 
excessive  load  factors  are  likely  to  occur  before  the  angle  of  attack  is 
stiff icient  to  cause  an  overspeed. 

It  is  also  observed  that  unless  this  characteristic  is  considered  in  the 
design  of  high-performance  confound  vehicles,  either  by  providing  a  large 
overspeed  margin  or  by  alternate  means  of  preventing  overspeed,  it  is 
probable  that  the  maneuvering  envelope  will  be  compromised. 


CYCLIC  CONTROL  TRIM  REQUIREMENTS 

Cyclic  control  trim  requirements  for  level  flight  were  evaluated  through¬ 
out  the  level  flight  speed  envelope  as  a  function  of  control  system 
sensitivity,  collective  blade  angle,  rotor  KFM,  and  center  of  gravity. 

As  discussed  previously,  because  of  aircraft  response  characteristics,  it 
was  desirable  to  decrease  the  longitudinal  control  response  and  amplify 
the  lateral  control  response  for  high-speed  flight.  Accordingly,  the 
longitudinal  control  system  geometry  was  modified  to  provide  for  evalua¬ 
tion  of  longitudinal  system  sensitivities  of  8j  and  66  percent  of  nominal, 
and  the  lateral  system  sensitivities  of  154  and  200  percent  of  nominal . 

The  cyclic  control  tends  to  move  aft  and  to  the  right  with  increasing 
level  flight  airspeed  when  using  a  fixed  collective  blade  angle  setting. 
The  apparent  instability,  indicated  by  the  aft  motion  of  the  cyclic 
stick,  is  the  result  of  a  trim  shift  due  to  the  combined  effects  of 
changes  in  rotor  downvash,  angle  of  attack,  and  auxiliary  thrust. 

In  hover,  the  rotor  dovnwash  contributes  a  negative  increment  to  the  angle 
of  attack  of  the  horizontal  stabilizer  causing  a  nose-up  pitching  moment 
increment.  This  incremental  pitching  moment  decreases  with  increasing 
airspeed  since  the  rotor  is  unloading  and  the  "blow-back”  of  the  rotor 
downvash  field  increases,  with  resultant  lower  dovnwash  velocities  at  the 
horizontal  stabilizer.  The  cyclic  stick  then  moves  aft  due  to  the  change 
of  rotor  downvash  at  the  horizontal  stabilizer  with  increasing  airspeed. 

In  addition,  both  the  angle  of  attack  ( or )  and  the  auxiliary  thrust  co¬ 
efficient  (CA)  decrease  with  increasing  level  flight  airspeed.  The  nose- 
down  pitching  moment  varies  inversely  with  CA  but  varies  directly  with 
a,  i.e. ,  a  smaller  C A  or  larger  a  results  in  an  increase  of  the  nose- 
down  moment. 

In  level  flight,  the  longitudinal  trim  shift  associated  with  rotor  down- 
wash  and  auxiliary  thrust  outweigh  the  change  due  to  angle  of  attack, 
hence  the  pilot  must  use  aft  stick.  However,  it  should  be  noted  that  at 
either  a  constant  airspeed  or  C^,  the  angle  of  attack  stability  indica¬ 
ted  by  dCn/da  is  positive,  i.e.,  dCjJ&a  <0.  A  more  detailed  discussion 
of  these  effects  can  be  found  in  References  1  and  2. 
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The  motion  of  the  cyclic  stick  to  ths  right  is  due  to  feathering  moments 
produced  as  a  result  of  loads  in  the  rotor  system  which  in  turn  produce 
a  precessional  moment  on  the  control  gyro.  The  geometry  of  the  rotor 
system  is  such  that  at  low  collective  blade  angles,  where  the  rotor  lift 
is  below  it 000  pounds,  the  rotor  is  substantially  underconed.  Thus,  as 
the  drag  of  the  advancing  blade  increases  with  increasing  flight  speed, 
a  one-per-revolution  chordwise  bending  moment  causes  a  feathering  moment 
to  be  produced  which  tends  to  reduce  the  blade's  pitch.  This  feathering 
same it,  transmitted  through  the  pitch  links  causes  a  precessional  moment 
on  the  gyro.  The  phasing  of  this  moment  is  such  that  it  manifests  itself 
almost  entirely  as  a  lateral  cyclic  control  requirement.  A  more  detailed 
discussion  of  this  effect  on  lateral  cyclic  control  motion  can  be  found 
in  Reference  1. 

During  the  early  stages  of  testing,  it  was  found  that  changing  the  longi¬ 
tudinal  control  system  sensitivity  affected  the  apparent  stick  position 
stability.  This  is  because  the  total  amount  of  control  travel  in  the 
longitudinal  axis  remains  unchanged  with  a  decrease  in  system  sensitivity, 
and  thus  larger  control  motions  are  required  to  provide  trim  moments  over 
the  airspeed  envelope.  Although  in  actuality  it  is  a  trim  shift,  this 
increase  in  control  motion  is  sensed  by  the  pilot  as  a  decrease  in  stick 
position  stability. 

To  partially  compensate  for  this  change  in  stick  position  stability,  small 
metal  tabs  were  added  to  the  trailing  edge  tip  of  each  control  gyro  arm. 
The  purpose  of  this  modification  was  to  produce  a  nose-up  precession  of 
the  control  gyro  with  increasing  airspeed  as  a  result  of  aerodynamic 
forces  acting  on  the  tabs.  This  change  produced  the  desired  result,  since 
forward  control  motion  is  required  to  counteract  the  moment  produced  by 
the  tabs.  Figure  27  indicates  the  control  motion  for  tab  settings  of 
0  degrees  and  -10  degrees  with  an  aircraft  neutral  center  of  gravity.  At 
the  0  degree  setting,  the  tabs  are  parallel  to  the  gyro  arms  and  have  very 
little  effect  on  control  motion.  When  the  trailing  edges  of  the  tabs  are 
bent  downward  to  a  -10-degree  incidence  with  respect  to  the  gyro  arms,  the 
longitudinal  control  lotion  becomes  neutral  to  slightly  negative. 

The  -10  degree  tf«o  setting  also  p:  oduced  a  right  roll  gyro  precessional 
moment.  This  *.-■?  an  added  benefit  which  resulted  in  an  incremental  shift 
of  lateral  control  motion  to  the  left,  as  shown  in  Figure  27.  In  addi¬ 
tion,  this  configuration  change  also  delayed  the  point  cf  inception  of 
the  lateral  trim  shift  to  the  right  which  occurs  at  high  advancing  tip 
Mach  numbers.  At  10C$  rotor  RPM  the  pronounced  trim  shift  to  the  right 
now  begins  at  an  advancing  tip  Mach  number  of  approximately  0.920  instead 
of  O.90  as  was  experienced  during  previous  testing. 

Figure  28  presents  the  effect  of  changing  system  sensitivity  on  cyclic 
control  motion  with  gyro  tabs  installed  and  with  an  aircraft  neutral 
center  of  gravity.  As  previously  stated,  control  motion  tends  to  move 
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TRUE  AIRSPEED  -  KNOTS 

gure  27.  Vuriaticn  of  Cyclic  Control  Positions  with  True  Airspeed 
Effect  of  Control  Gyro  Tab  Installation  -  Neutral  CG. 


TRUE  AIRSPEED  -  KNOTS 

Figure  28.  Variation  of  Cyclic  Control  Positions  with  True  Airspeed 
Effect  of  System  Sensitivity  -  Neutral  CG. 


aft  and  to  the  right  with  increasing  airspeed.  A  decrease  in  the  longi¬ 
tudinal  system  sensitivity  from  83  to  66  percent  initially  shifts  the  stick 
aft-  due  to  the  basic  linkage  change  without  changing  the  total  control 
travel,  and  also  results  in  a  slight  deorea~e  in  the  apparent  stick  posi¬ 
tion  stability.  This  latter  effect  is  due  to  the  fact  that  larger  incre¬ 
mental  longitudinal  control  displacements  are  needed  to  produce  the  re¬ 
quired  trim  moments  at  the  66-percent  longitudinal  system  sensitivity.  An 
increase  in  lateral  sensitivity  from  lp4  to  200  pej  ;ent  indicates  an 
appropriate  reduction  in  the  amount  of  cyclic  control  required.  This  is 
due  to  the  fact  that  increasing  the  lateral  system  sensitivity  reduces  the 
amount  of  total  control  travel  available  by  an  amount  proportional  to  the 
increase  in  sensitivity.  Therefore,  approximately  30  percent  less  control 
motion  is  required  when  the  lateral  system  sensitivity  is  increased  from 
15 4  to  200  percent. 

The  pilots  report  that  tr.e  aircraft  is  easy  to  trim  ir.  a’'  axes  at  high 
speeds.  However,  as  described  in  a  preceding  section  .  '.his  report,  a 
single  longitudinal  system  sensitivity  is  not  considered  adequate  for 
operation  at  all  speeds  throughout  the  flight  envelope  particularly  at 
neutral  centers  of  gravity.  Belov  200  KTAS,  with  a  66  percent  longitu¬ 
dinal  system  sensitivity,  larger  control  inputs  are  required  to  maneuver, 
and  this  results  in  higher  than  desired  control  forces.  The  100  percent 
system  sensitivity  is  adequate  for  hover  and  low-speed  flight,  while  the 
83  percent  system  sensitivity  seems  most  suitable  in  the  intermediate 
speed  range.  A  lateral  system  sensitivity  of  200  percent  is  considered 
adequate  over  the  entire  speed  envelope. 

Figure  29  presents  the  variation  of  cyclic  control  motion  with  airspeed 
as  a  function  of  collective  blade  angle  with  an  aircraft  neutral  center 
of  gravity.  Examination  of  these  results  indicates  that  cyclic  control 
motion  shifts  aft  and  further  to  the  right  with  increasing  blade  angle. 
Control  motion  remains  aft  and  to  the  right  with  increasing  airspeed. 

As  discussed  in  a  previous  section  of  this  report,  the  longitudinal  han¬ 
dling  characteristics  are  further  improved  when  the  aircraft  is  flown 
with  the  center  of  gravity  shifted  forward.  Tests  were  conducted  with 
aircraft  centers  of  gravity  between  1.3  and  1.8  inches  forward  of  the 
rotor  mast.  The  static  stability  of  the  aircraft  is  improved  under  these 
conditions,  and  there  is  a  general  overall  improvement  in  handling  char¬ 
acteristics.  Longitudinal  damping  remains  strong  and  effective  at  all 
airspeeds.  This  configuration  change  permitted  a  significant  expansion 
of  the  flight  envelope. 

The  cyclic  control  trim  requirements  for  this  forward  center  of  gravity 
condition  are  presented  in  Figure  30  for  longitudinal  system  sensitivities 
of  100  and  83  percent  and  for  a  lateral  system  sensitivity  of  200  percent. 
As  expected,  the  longitudinal  cyclic  control  trim  setting  shifts  aft  to 
counteract  the  nose-down  laoment  due  to  the  forward  center  of  gravity. 
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TRUE  AIRSPEED  -  KNOTS 

Figure  29<  Variation  of  Cyclic  Control  Positions  with  True  Airspeed  -  Effect 
of  Collective  Blade  Angle  and  Rotor  RHi  Setting  -  Neutral  CG. 


’RUE  AIRSPEED  -  KNOTS 

Figure  30.  Variation  of  Cyclic  Control  Positions  with  True  Airspeed 
Effect  of  Longitudinal  System  Sensitivity  -  Forward  CG. 


The  gradient  with  airspeed  appears  to  be  similar  to  that  obtained  with 
neutral  centers  of  gravity  with  a  66-percent  longitudinal  system  sensi¬ 
tivity.  At  true  airspeeds  in  the  vicinity  of  230  knots,  a  noticeable 
change  in  the  cyclic  control  position  becomes  apparent.  The  stick  moves 
to  the  right  at  a  more  noticeable  rate  and  also  moves  aft  in  the  same 
manner.  This  change  in  trim  characteristics  is  attributed  directly  to 
advancing  tip  Mach  number  effects. 

Hotor  RIM  has  no  significant  effect  on  cyclic  control  trim  characteristics 
at  true  airspeeds  below  approximately  230  xnots.  However,  above  this 
speed,  at  ICO  percent  rotor  RIM,  advancing  tip  Mach  numbers  in  excess  of 
0.9c  are  obtained  and  a  definite  cyclic  control  trim  shift  is  experienced. 
At  true  airspeeds  above  233  knots,  the  rotor  RIM  was  gradually  lowered 
from  100  percent  to  a  value  of  95-5  percent  at  262.7  knots  to  minimize 
tip  Mach  numbers .  This  technique  was  found  to  be  quite  effective  in  con¬ 
trolling  the  undesirable  characteristics  associated  with  tip  Mach  number. 

NAP-GF-THE- EARTH  FLYING 


Nap-of-tne-earth  flight  demonstrations  were  performed  to  determine  quali¬ 
tatively  and  quantitatively  the  agility  of  the  aircraft  in  close  proximity 
to  the  terrain  at  both  low  and  high  speeds. 

Three  courses  were  selected  In  terra "n  suitable  for  performing  the  vari¬ 
ous  types  of  maneuvers: 

Course  1  -  A  narrow  winding  canyon,  where  maneuvers  were  performed  at  100 
to  200  feet  above  the  canyon  floor,  at  equivalent  airspeeds  of 
1^5  to  190  knots  with  the  auxiliary  thrust  engine  operating. 

Co  cl- no  2  -  An  irregular  2.0-mile  course  over  which  terrain-following  man¬ 
euvers  were  performed  at  50  to  100  feet  above  the  ground,  at 
equivalent  airspeeds  of  125  to  190  knots  with  the  auxiliary 
thrust  engine  operating. 

Course  3  -  A  level  terrain  over  which  excerpts  from  maneuvers  described 
as  the  ’’Army  Dozen"  were  performed  at  close  proximity  to  the 
ground  with  and  without  the  auxiliary  thrust  engine  operating. 

The  terrain-following  maneuver.*  were  performed  satisfactorily  over  the 
first  two  courses.  However,  the  degree  of  aircraft  maneuverability  was 
limited  by  a  rotor  RIM  overspeed  condition  caused  by  the  rotor's  entering 
autorotation  during  banked  turns,  symmetrical  pull-ups,  or  a  combination 
of  both  maneuvers.  The  rotor's  tendency  to  overspeed  is  most  pronounced 
in  the  airspeed  range  of  1^5  to  190  iCEAS  and  makes  it  difficult  to  pull 
more  than  2.0g  for  quick  turns.  Rotor  speed  was  reported  to  be  approxi¬ 
mately  IOC  percent  throughout  most  of  the  maneuveis. 
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Since  data  on  rotor  overspeed  me  somewhat  limited,  additional  investiga¬ 
tions  are  required  before  any  definite  conclusions  can  be  drawn. 

During  these  maneuvers,  roi'.  characteristics  to  the  right  were  excellent. 
However,  high  roil  rates  to  the  left  were  generally  aecorapan:  ea  by  an 
increase  in  4P  vibration  and  a  decrease  in  rotor  speed.  When  the  left 
cyclic  input  was  held  lor 5  enough,  rotor  R£K  drooped  below  100  percent 
and  caused  a  lag  in  gas  generator  (Ki)  acceleration.  The  pilot  reported 
rotor  speeds  as  low  as  96  percent. 

The  Army  Dozen  maneuvers  were  performed  over  the  third  course  with  and 
without  auxiliary  engine  thrust,  and  they  were  satisfactory  with  certain 
limitations  encour.tei  ed  as  described  b.v  the  pilot  in  the  following  list 
of  performed  maneuvers: 

•  Confined  area  approach  followed  by  a  flare  and  landing  -  The 
research  vehicle’s  favorable  centre!  and  stability  made  it  rela¬ 
tively  easy  to  opeiate  in  confined  areas.  However,  the  steep¬ 
ness  of  the  approach  is  limited  bv  the  power  available  for  the 
flare . 

•  Pedal  turns  at  6-  to  12-foot  hover  heights  -  Pedal  turns  to  the 
left  and  rignt  are  smooth  and  easy  to  control.  However,  left 
peual  is  limited  by  tail  rotor  torque  which  causes  a  slow  re¬ 
covery  from  a  high- rate,  right-pedal  turn. 

•  VerticaJ  climb  to  approximately  50  feet,  stop  in  hover,  peel  off 
to  the  left  or  right  -  Vertical  climb  is  power  limited  to  under 
50  feet;  but  from  she  maximum  altitude  attainable,  it  is  easy  to 
peel  off  either  to  the  left  or  to  the  right. 

•  Hover  pedal  turn  breaking  into  rapid  sideward  flight  with  quick 
stops  into  and  out  of  the  wind  -  This  maneuver  can  be  accom¬ 
plished  fairly  rapidly  to  the  right  and  into  the  wind.  However, 
tail  rotor  torque  and  main  rotor  engine  power  limitations  made 
it  difficult  to  conduct  this  maneuver  to  the  left  and  downwind, 
if  the  wind  exceeded  10  knots. 

•  Quick  stops  or  lateral  flare  maneuvers  -  These  maneuvers  can  be 
accomplished  easily  in  winds  of  at  least  15  knots  in  either  dir¬ 
ection;  however,  heading  control  may  be  limited  by  tail  rotor 
torque  under  some  conditions.  Downwind  maneuvers  must  be  con¬ 
ducted  at  a  slow  rate  due  to  lack  of  power  available. 

•  Slope  Landings  -  Two  side  hill  landings  and  takeoffs  v»~e  per¬ 
formed  on  right  side  slopes  (down  to  the  right)  of  b.Z,  and  7-2 
degrees.  These  right  side  slope  maneuvers  were  conducted  with¬ 
out  moving  the  cyclic  control  from  the  trim  position  required 
to  hover.  This  was  accomplished  by  slowly  lowering  the  collec¬ 
tive  and  letting  main  rotor  lift  support  the  aircraft :s  weight 


53 


as  it  adjusted  to  the  degree  of  slope.  Left  side  slope  landings 
were  not  evaluated  because  of  the  vehicle's  22,000  inch-pound 
lateral  center  of  gravity  offset  caused  by  the  J-60  engine  in¬ 
stallation  which  would  result  in  an  unrealistic  and  an  imprac¬ 
tical  loading  for  this  test  condition. 

•  Scramble  takeoff  (rapid,  low-level,  downwind  takeoff)  -  This 
maneuver  can  be  conducted  rapidly  into  and  out  of  the  wind  as  a 
compound  helicopter  with  the  proper  addition  of  auxiliary  thrust. 

•  Cruise  at  a  200-foot  altitude  between  105  and  160  KEA3  performing 
pull-up  and  break  maneuvers  -  This  maneuver  cannot  be  conducted 
satisfactorily  as  a  helicopter  at  airspeeds  above  105  KEA3  and  is 
not  very  comfortable  as  a  compound  helicopter  at  airspeeds  under 
160  KEAS.  However,  when  flying  as  a  compound  helicopter  betwem 
160  and  210  KEAS,  this  maneuver  can  be  conducted  satisfactorily 
and  the  vehicle  is  easily  handled  at  a  50-foot  altitude. 

•  High-speed,  180-degree  heading  reversal  in  a  confined  area  -  This 
maneuver  can  be  conducted  easily  but  is  limited  under  some  flight 
conditions  by  the  rotor  HFM  overspeed  characteristic . 

•  High-speed  teardrop  turn  -  This  maneuver  was  satisfactorily  con¬ 
ducted  up  to  180  KEAS.  However,  the  maneuver  can  be  limited  by 
the  rotor  HIM  overspeed  characteristic  under  some  flight  condi¬ 
tions  . 

•  High-speed  S-tum  -  This  maneuver  was  satisfactorily  conducted  at 
high  airspeeds  up  to  l80  KEAS. 

•  Hit-the-deck  maneuvers  from  various  altitudes  -  Favorable  control 
effectiveness  and  stability  make  these  maneuvers  easy  to  accom¬ 
plish  at  any  airspeed;  i.e,,  easy  to  push  over  and  level  off  at 
close  proximity  to  the  ground. 

It  should  be  noted  that  all  maneuvers  conducted  in  hover  and  at  very  low 
airspeeds  were  performed  without  the  auxiliary  thrust  engine  operating. 

STRUCTURAL  LOADS 
General 

Structural  loads  were  measured  during  all  phases  of  the  maneuverability 
testing.  The  50-cbannel  oscillograph,  used  to  record  the  structural  loads 
and  control  parameters,  was  run  at  normal  paper  speed  for  each  of  the 
prescribed  test  conditions.  During  the  time  that  the  pilot  was  setting  up 
for  the  next  test  condition,  the  oscillograph  was  run  at  a  slow  paper 
speed,  one- tenth  the  normal  rate.  From  these  continuous  oscillograph 
records,  the  structural  loads  were  monitored  for  all  flight  conditions, 
including  any  inadvertent  condition.  As  a  safety' precaution,  these 
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records  were  examined  prior  to  each  flight  to  determine  the  magnitude  of 
loads  encountered  on  the  previous  flight. 

Measurements  taken  during  the  testing  include  the  main  rotor  hub  and  blade 
loads,  main  rotor  pitch  link  axial  loads,  control  gyro  arm  loads,  wing 
bending,  main  rotor  lift,  horizontal  stabilizer  loads,  and  tail  rotor 
loads . 

In  this  report,  the  load  measurements  are  divided  into  two  components: 
cyclic  load  and  mean  load.  The  sketch  below  indicates  the  meaning  of 
these  components. 


A  review  of  all  structural  data  indicates  that  station  7-0  is  the  most 
critical  fatigue  section  of  the  main  rotor.  Assuming  a  stress  concentra¬ 
tion  factor  of  3j  the  estimated  endurance  limit  stress  is  26,000  psi. 

The  strain  gage  calibration  was  effected  in  terms  of  bending  moment  rather 
than  stress  because  the  bending  moment  curve  along  the  span  of  hub  and 
blade  is  predictable.  Bending  moments  are  then  readily  convertible  into 
stresses  from  the  known  structural  section  properties  along  the  span  of 
the  hub  and  blade.  The  conversion  of  bending  moment  to  stress  at  station 
7.0  is  as  follows: 

Flapwise  bending  moment  at  station  6.0  x  1.42  -  stress  at  station  7.0 

Chordwise  bending  moment  at  station  6.0  x  0.152  =  stress  at  station  7-0 


Main  Rotor  Blade  Loads 


Three  main  rotor  blade  configurations  were  flown  during  the  maneuver¬ 
ability  program.  These  three  blade  configurations  were  identified  as 
Part  Number  6260-1100-01  (standard  3ffl-51A  blades).  Part  Number  6261-1100- 
01  (Model  286  prototype  blades  with  XH-51A  cuff  fittings),  and  Part  Number 
6260-1100-01  (XH-51A  blades  with  20-pound  anti-nodal  weights). 
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Initial  flights  in  this  program  were  made  with  6260*  standard  XH-51A  main 
rotor  blades  while  waiting  for  approval  to  fly  the  6261*  Model  286  proto¬ 
type  main  rotor  blades.  During  these  initial  tests,  the  Model  286  type 
of  tail  rotor  also  was  being  tested.  The  test  conditions  flown  with  the 
standard  XH-51A  blades  were  within  conditions  that  had  been  tested  during 
the  previous  program  and  reported  in  Reference  1.  Therefore,  no  main 
rotor  loads  data  from  these  initial  tests  are  included  in  this  report. 

6261-1100-01  Model  286  Prototype  Blades  with  XH-51A  Cuff  Fittings 

The  natural  frequency  of  the  second  flapwise  bending  mode  of  these  blades 
is  lower  than  that  of  the  6260  blades.  These  6261  blades  were  used  to 
attempt  to  reduce  the  sharp  rise  of  the  response  in  the  second  bending 
mode  at  three  per  revolution  of  the  rotor  associated  with  high  tip  Mach 
number  of  the  advancing  main  rotor  blade  at  the  higher  forward  speeds. 
Tests  were  conducted  at  various  speeds,  rotor  KEM's,  and  collective  blade 
angles  to  determine  their  effect  on  these  blades  and  also  to  determine  the 
optimum  rotor  RFM  and  collective  Oiaae  angles  for  the  higher  speeds.  The 
rotor  REM  was  reduced  during  these  tests  to  lower  the  advancing  blade  tip 
Mach  number  at  a  given  forward  speed. 

Variation  of  hub  flapwise  and  chordwise  loads  at  station  6  with  equiva¬ 
lent  airspeeds  up  to  19^  knots  for  100  percent  RIM  is  shown  in  Figure  31. 
Changes  in  RIM  from  100  percent  had  a  negligible  effect  on  rotor  loads; 
thus,  loads  for  other  HPM’s  are  not  shown. 

At  the  higher  speeds,  the  overall  cyclic  flapwise  bending  blade  loads  at 
station  6  were  higher  than  with  the  6260  original  XH-51A  »?ain  rotor  blade 
loads.  Use  of  the  6261  blades  resulted  in  a  reduced  amplitude  of  the 
three-per-revolution  component  of  flapwise  cyclic  bending  loads  as  was 
expected,  but  the  two-per-revolution  component  loads  increased  at  a  higher 
rate  and  thus  increased  the  overall  cyclic  loads.  These  components  of 
the  flapwise  loads  are  shown  in  Figure  32.  Cabin  vertical  vibration  was 
also  higher  with  the  6261  blades  than  with  the  626C  blades. 

When  the  collective  blade  angle  was  lowered  at.  higher  speeds,  the  heli¬ 
copter  encountered  a  rotor  plane  oscillation  at  a  frequency  of  approxi¬ 
mately  three  cycles  per  second  or  every  two  revolutions  of  the  main  rotor 
(one-half  per  revolution).  Because  of  the  rotor  plane  oscillation,  high¬ 
er  flapwise  cyclic  blade  loads,  and  increased  vibration,  these  6261  main 
rotor  blades  were  removed  to  install  the  6260  main  rotor  blades. 

For  a  more  '.omplete  description  of  this  phenomenon,  see  the  section  of 
this  report  entitled  Rotor  Plane  Oscillations. 


*  Abbreviated  notation 
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FIAPWISE  BENDING  MOMENT  CHORDWISE  BENDING  MOMENT 
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Fig-ore  31 •  Main  Rotor  Hub  Loads  as  a  Function  of  Equivalent  Airspeed. 

5' 


1 


EQUIVALENT  AIRSPEED  -  KNOTS 

Figure  32.  Harmonic  Components  of  Cyclic  Fiapvise  Bending 

Moment  at  Sta,  6  as  a  Function  of  Equivalent  Airspeed* 
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6260-1100-0-t  Standard  XH-51A  Main  Rotor  Blades 

With  the  6260  standaia  XK-51A  main  rotor  blades  reinstalled,  the  rotor 
RFM  and  collective  blade  angle  were  varied  to  determine  their  effect  on 
blade  hub  loads  rad  vibracion.  These  blades  were  installed  because  they 
were  not  tested  at  lower  RIM  settings  during  the  initial  flights  des¬ 
cribed  above,  or  during  the  previous  program  that  was.  reported  In  Refer¬ 
ence  1. 

The  RFM  was  varied  from  percent  to  lGh  percent  at  several  speeds.  The 
main  rotor  blade  loads  were  not  noticeably  affected  by  this  ?JM  variation. 
However,  the  vibration  level  increased  at  lover  RFM.  The  collective 
blade  angle  was  varied  from  3*^  ho  5-6  degrees.  Blade  loads  were  slightly 
higher  at  the  lover  blade  angles,  but  cabin  vibration  was  not  noticeably 
affected  by  the  blade  angie  changes- 

6260- 1100-01  Main  Rotor  Blades  with  20-Pound  Anti-Nodal  Weights 

To  obtain  a  complete  comparison  of  the  various  main  r?tor  blades  which 
were  available,  6260  blades  with  external,  20-pound  anti  -nodal  weights 
were  installed.  These  blades  had  a  reduced  second  flapwxj.-  bending 
natural  frequency  similar  to  the  6261  prototype  Model  286  blades  but  with 
a  slightly  different  weight  and  blade  stiffness  distribution. 

Tests  were  made  varying  -he  RPM  from  90  percent  to  lOh  percent  and  the 
collective  blade  angle  Iron  3-0  to  12.0  degrees.  The  results  obtained 
were  essentially  similar  to  those  obtained  for  the  6261  blades.  The 
loads  were  relatively  unaffected  by  RFM  changes,  and  the  flapvise  cyclic 
loads  increased  with  a  decrease  in  collective  blade  angle.  Also,  the 
flapvise  load  level  was  increased  by  the  increased  response  to  tvo-per- 
revolution  loads.  The  vibration  level  vas  higher  than  it  was  with  the 
standard  XK-51A  blades. 

Rotor  plane  oscillation  vss  also  encountered  with  these  blades  at  higher 
speeds  at  increased  collective  blade  angles.  The  oscillation  frequency 
was  approximately  two  cycles  per  second  or  every  ihird  revolution  of  the 
main  rotor  (one-third  per  revolution)  as  compared  with  the  tnree-cyele- 
per- second,  oscillation  encountered  with  the  6261  blades  at  lover  blade 
angles. 

After  the  test  data  from  the  three  configurations  were  compared,  the 
626O-IIGO-OI  blades  -re  selected  for  further  testing  because  they  had 
the  lowest  overall  flapvise  cyclic  loads  and  the  lowest  vibration  and 
because  they  had  not  encountered  a  rotor  plane  oscillation  in  the  opera¬ 
ting  range  tested  at  that  time. 
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6260-1100-01  Standard  XF-51A  Main  Rotor  Blades 


Level  Flight  Conditions 

With  the  6260  main  rotor  blades  reinstalled,  structural  loads  were  fur¬ 
ther  investigated  as  the  RFM  and  forward  speed  were  varied.  Main  rotor 
hub  flapwise  and  chordwise  bending  moments  at  Station  6  were  plotted 
versus  equivalent  airspeed  (Figure  33)-  This  curve  shows  the  increas< 
in  cyclic  loads  as  the  speed  was  increased  to  221.5  KEAS  (245.0  KTAS) 
with  the  center  of  gravity  at  0.3  inch  forward  of  the  mast  and  with  the 
rotor  RFM  at  93  percent.  These  curves  also  show  the  loads  up  to  the 
maximum  speed  obtained  of  234  KEAS  (262.7  KTAS)  with  the  center  of  gravity 
at  1.5  inches  forward  and  the  rotor  RFM  at  95*5  percent.  Data  from  ref¬ 
erence  1  are  also  included  for  comparison.  These  curves  show  an  ir crease 
in  cyclic  loads  as  forward  speed  and  the  advancing  main  rotor  tip  Mach 
number  increase. 

The  overall  flapwise  cyclic  bending  at  Station  6,  shown  in  Figure  33 » 
increased  with  speed  to  a  maximum  value  of  25,000  inch-pounds  at  234  KEAS. 
This  cyclic  flapwise  bending  of  25,000  inch-pounds  at  Station  c  converts 
to  a  cyclic  stress  of  35,600  psi  at  station  7.  The  cyclic  chordwise 
moment  at  Station  6,  as  shown  in  Figure  33,  'was  43  <00  inch-pounds;  this 
converts  to  a  stress  of  6,500  psi  at  Station  7-  The  sum  of  the  two  re¬ 
sults  in  a  maximum  possible  cyclic  stress  of  42,100  psi.  To  assess  the 
effects  on  main  rotor  hub  fatigue  life  of  the  stresses  which  are  above  the 
estimated  endurance  limit  of  26,000  psi,  a  conservative  cumulative  damage 
analysis  was  performed.  This  analysis  was  limited  to  test  time  above  a 
speed  of  208  KEAS  where  the  flap  and  chord  loads  resulted  in  a  combined 
stress  equal  to  the  estimated  endurance  limit.  Review  of  test  data  re- 
stilted  in  the  following  time  distribution  for  various  speeds: 


Speeu  Range  -  KEAS 

210  -  220 
220  -  230 
230  -  234 


Time  in  This 
Speed  Range  -  Minutes 

6 

2 

0.5 


The  cumulative  damage  analyses  indicated  that 
of  the  hub  fatigue  life  was  used  in 


(sf-cs) 


about  five  percent 
the  high-speed  flying. 


This  is  considered  acceptable  for  a  high-speed  research  vehicle. 


Harmonic  analyses  were  run  on  the  waveform  of  the  flapwise  bending  moment 
at  Station  6  to  determine  the  magnitude  of  the  various  components.  The 
various  frequencies  were  than  plotted  versus  equivalent  airspeed,  as 
shown  in  Figure  34.  Also,  the  various  frequencies  were  plotted  versus 
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CYCLIC  FLAP  WISE  BENDING  MOMENT  AT  STA  6  -  ±  1000  IN 


Figure  34.  Harmonic  Components  of  Cyclic  Flapwise  Bending  Moment 
at  Sta.  6  as  a  Function  of  Equivalent  Airspeed. 
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the  advancing  main  rotor  blade  tip  Mach  number  as  it  was  increased  from 
0.y?5  to  0.937  with  the  center  of  gravity  at  0.3  inch  forward  and  with 
the  rotor  RFM  at  98  percent.  These  curves  also  show  the  harmonics  up  to 
the  maximum  advancing  tip  Mach  number  of  0.9^2  with  the  center  of  gravity 
at  1.5  inches  forward  with  the  rotor  RFM  at  95*5  percent  (Figure  35). 

Hus  0.9^2  Mach  number  of  the  advancing  blade  tip  is  well  above  the  criti¬ 
cal  Mach  number  for  a  12-percent-thick  blade  section.  These  curves  show 
the  same  sharp  rise  in  the  three-  and  five-per-revolution  components  as 
the  data  presented  in  Reference  1. 

The  one-per-revolution  pitch  and  roll  components  of  the  Number  1  blade 
flapwise  bending  moment  at  Station  6  were  plotted  versus  equivalent  air¬ 
speed  (Figure  36).  This  curve  shows  that  a  significant  portion  of  the 
overall  cyclic  bending  moment  at  the  maximum  speed  of  23U  KEAS  was  due 
to  the  resulting  one-per-revolution  roll  and  pitch  moment.  The  pitch 
component  increased  rapidly  at  speeds  above  220  KEAS.  The  line  for  0.3 
inch  forward  center  of  gravity  at  high  speed  represents  data  corrected 
for  shifting  the  test  center  of  gravity  from  I. 5  inches  to  0.3  inch  for¬ 
ward  and  an  approximate  correction  for  jet  engine  thrust  difference  for 
the  descent  at  the  maximum  speed  point. 

Main  rotor  blade  loads  in  the  outer  portion  of  the  blade  also  were  moni¬ 
tored  during  the  test  program.  They  exhibited  the  same  characteristics 
as  the  blade  root  loads  but  were  less  critical  for  both  maximum  loads  and 
fatigue. 

Rotor  plane  oscillations  were  encountered  with  these  blades  at  speeds 
above  215  KTAS  at  reduced  RFM.  The  conditions  where  oscillations  occurred 
were  low  collective  blade  angle  and  rotor  RFM' s  between  90  and  95  percent. 
As  RFM  was  lowered,  the  oscillation  occurred  at  a  lower  airspeed.  This 
prevented  obtaini.ig  maximum  speed  at  90  percent  RPM  as  planned  (see  Rotor 
Plane  Oscillations,  page  73). 


Maneuvering  Conditions 


Main  rotor  loads  were  measured  during  the  stability  testing  that  was  con¬ 
ducted  to  expand  the  maneuvering  envelope.  Flapwise  and  chordwise  bending 
moments  at  Station  6  are  plotted  versus  load  factor  for  each  of  the  man¬ 
euvers  that  define  the  outer  boundaries  of  the  maneuvering  envelope 
(Figure  37).  Windup  turns  were  used  to  obtain  the  load  factor  at  175  and 
200  KEAS,  ani  the  rest  of  the  maneuvers  were  symmetrical  pull-ups.  The 
moments  shown  are  the  maximum  obtained  at  any  time  during  the  maneuver. 

Cyclic  flapwise  and  chordwise  loads  during  the  symmetrical  pull-ups  are 
somewhat  higher  than  those  in  windup  turns.  This  increase  in  rotor  loads 
is  due  to  the  higher  angular  accelerations  normally  encountered  in  a 
pull-up  maneuver. 
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MAIN  ROTOR  ADVANCING  TIP  MACH  NUMBER 


Figure  35.  Harmonic  Components  of  Cyclic  Flapwise  Bending  Moment 
at  Sta.  6  as  a  Function  of  Main  Rotor  Advancing  Tip 
Mach  Number. 


ROLL  COMPONENT  OF  NO 


Figure  36.  Roll  and  Pitch  Components  of  Cyclic  Flapvise  Bending 
Koneno  at  Sta.  6  as  a  Function  of  Equivalent  Airspeed. 
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MAXIMUM  FLAPWISE  BENDING  MOMENT  MAXIMUM  CHOftDWISE  BENDING  MOMENT 
AT  STA  6-  1000  IN.-  LB  .  AT  STA  6  -  1000  IN.-  LB 
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Pitto  angular  acceleration  was  calculatea  by  differentiating  the  pitch 
rate  and  is  plotted  versus  cyclic  fiapwise  bending  moment  at  Station  6 
(Figure  3B).  Ti.is  curve  shows  the  increment  of  cyclic  fiapwise  bending 
moment  cue  tc  angular  acceleration  during  the  symmetrical  pull-up  maneu¬ 
vers  nat  define  tne  outer  boundaries  of  the  maneuvering  envelope. 

Main  rotor  loads  at  or  near  the  maximum  load  factor  when  the  angular 
acceleration  is  at  or  near  zero  are  plotted  versus  load  factor  (Figure 
iy).  Tftis  curve  shows  that  the  cyclic  fiapwise  bending  at  Station  6  is 
not  significantly  affected  by  steady  lead  factor  but  that  chord  load  is 
a  function  of  load  factor. 

Lata  obtained  in  steady  turns  at  various  load  factors  corroborate  the 
above  ooservations.  Fiapwise  cyclic  loads  are  relatively  unaffected  by 
load  factor,  whereas  chordwise  cyclic  loads  appear  to  De  essentially  a 
direct  function  of  load  factor.  Rotor  lift  and  right  wing  Dending  mom¬ 
ent  at  Station  25  were  plotted  versus  load  factor  to  illustrate  the  lift- 
snaring  relationship  between  the  wing  and  rotor  for  various  speeds  (Fig¬ 
ure  40).  The  wing  carries  the  largest  portion  of  total  aircraft  lift  at 
the  higher  speeds  as  load  factor  is  increased. 

The  maneuvering  envelope  obtained  during  the  program  is  presented  in 
Figure  7. 

Gyro  Arm  Bending 


Control  gyro  arm  cyclic  chordwise  bending  loads  are  plotted  versus  main 
rotor  RPM  for  various  speeds  up  to  the  maximum  speed  of  23’  KEAS  in  Fig¬ 
ure  41  The  loads  are  plotted  versus  equivalent  airspeed  in  Figure  42. 

'* her.  the  rotor  RPM  was  reduced,  the  gyro  arm  cyclic  chordwise  bending 
loads  tended  to  increase,  indicating  that  the  gyro  arm  was  at  its  natural 
frec.ency  in  the  94  to  97  percent  RPM  range.  This  RFM  range  was  avoided 
during  the  early  testing,  but  when  the  speed  extension  testing  was  being 
performed  at  a  reduced  rotor  RPM,  the  airspeed  was  limited  for  operation 
at,  9^'  to  94  percent  RPM  due  to  rotor  plane  oscillation.  A  rotor  RPM  less 
than  97  percent  was  desirable  for  reducing  the  advancing  main  rotor  blade 
tip  Macn  number  effect:  therefore,  the  RIM  was  reduced  gradually  in  small 
.norements  from  97  percent  down  to  95-5  percent  as  the  speed  was  increased 
f.  ^34  K2AC.  The  gyro  arm  chordwise  loads  were  checked  after  each  flight 
and  plotted  in  Figure  41.  The  cyclic  chordwise  tending  increased  as  the 
-otor  RFM  approached  95.5  percent  RPM  at  the  higher  speeds,  but  the  damp¬ 
ing  was  sufficient  to  keep  the  loads  from  getting  excessive  The  maximum 
cyclic  chord  load  at  23^  KEAS  was  1560  inch-pounds.  This  load  produces 
a  stress  of  4550  psi  in  the  titanium  gyro  arm  section  and  1930  psi  in  the 
aluminum  hub  section. 
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Figure  38 «  Flapwise  Ben  ding  Moment  at  Sta  6  as  a 
Function  of  Pitch  Angular  Acceleration, 


FLAPWISE  BENDING  MOMENT  AT  .  CHORDWISE  BENDING  MOMENT 
STA  6  -  1000  IN.  -  LB  ill  AT  STA  6  -  1000  IN.  -  LB 
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Figure  39.  Main  Rotor  Blade  Loads  as  a  Function  of  Maximum  Load  Faetoi 
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i  Gyro  Arm  Chord  Cyclic-  Sending  Moment 
Function  o~  foain  Rotor  RPf-'. 


TENSION  526O  MAIN  ROTOR  BLADES 

¥  5  400  XH  "  51A  TA,L  ROTOR 

qOm  COMPOUND  HELICOPTER  MODE 

— I  _l  *Q  i 

itz — ***■ 


<  55  y  -J  «  .W 

sgg- 
u  0 

id|~o 

ol^l-O-S 

?s<- 

ozz  0 


J!k 

-FT 

L- 

% 

1 

-  % 

CG  -  IN. 

5000 

95.5 

150  FWD 

5000 

100.0 

0.30  FWD 

— I  OPEN  SYMBOLS-  MEAN  VALUES 
101-  SOLID  SYMBOLS  -  CYCLIC  VALUES- 


<Oh  • 

”Z:Zi 

“Zj<8 

OC  tu  v>  O 

o  •  - 

T  « 


^  «  -I 

N  d  » 

«e  Zfc? 

o 

V  <n  /w 


r  120  160  200  240 

EQUIVALENT  AIRSPEED  -  KNOTS 


Figure  12.  H  izontal  Stabilizer,  Gyro  Arm,  and  Pitch  Link  Loads 
as  a  Function  of  Equivalent  Airspeed. 
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Maximum  cyclic  load  in  the  gyro  arm  flapwise  bending  was  783  inch-pounds 
at  23^  KEAS.  This  load  pxoduces  a  stress  of  8100  psi  in  the  titanium 
gyro  arm  section  and  2300  psi  in  the  aluminum  hub  section. 


Assuming  that  the  flap  and  chord  loads  are  in  phase,  the  maximum  possible 
stresses  ir.  the  titanium  are  12,650  psi  and  -230  psi  in  the  aluminum. 

The  titanium  stresses  are  well  below  the  endurance  limit  for  titanium, 
however,  the  4230  psi  stress  in  aluminum  is  slightly  above  the  estimated 
endurance  limit  of  3 000  psi.  This  stress  exceeding  the  endurance  limit 
of  the  aluminum  hub  occurred  only  at  the  nighest  speed  point.  For  the 
next  lower  speed  of  230  KEAS,  the  combined  stresses  are  3500  psi.  The 
total  time  spent  above  230  KEAS  is  less  than  one-half  minute.  The  gyro 
arm  loading  frequency  in  flap  is  at  four-per-revclution  of  the  main  rotor 
(2 h  CPS)  so  that  the  total  number  of  cycles  exceeding  the  endurance  limit 
is  less  than  720,  which  would  result  in  negligible  fatigue  damage. 

Vibration 

Vibration  level  in  the  cabin  was  measured  as  the  speed  was  increased  to 
23^  KEAS  (Figure  hj).  This  curve  shows  the  sharp  rise  in  vibration, 
especially  the  cabin  longitudinal  vibration,  as  the  speed  approaches  205 
KEAS  (sr 0.9  Mach  number  of  the  advancing  blade  tip).  This  increase  in 
vibration  is  due  to  the  rise  in  three-  and  five-per-revolution  cyclic  mom¬ 
ents  of  the  main  rotor  as  shown  in  Figure  3^+-  This  excessive  vibration 
was  one  of  the  main  factors  limiting  further  high-speed  exploration. 

Rotor  Plane  Oscillations 


In  the  early  testing  with  the  standard  XH-51A  6260  blades,  rotor  plane 
oscillations  were  not  encountered  at  speeds  up  to  about  215  KTAS  through¬ 
out  the  normal  collective  blade  angle  range  and  for  rotor  RPM  settings 
from  90  to  ICO  percent.  However,  as  the  speed  was  increased  at  rotor 
RFM's  below  about  95  percent  and  with  low  collective  blade  angles,  oscil¬ 
lations  were  encountered.  The  attempt  to  obtain  maximum  speeds  with  rotor 
RPM  reduced  to  about  $0  percent  was  limited  by  these  rotor  plane  oscilla¬ 
tions.  Sufficient  data  were  not  obtained  at  various  RPM  and  airspeed 
combinations  to  firmly  establish  the  boundary.  However,  it  appears  that 
the  airspeed  limit  for  rotor  plane  oscillation  would  increase  about  8  to 
10  knots  for  each  i-percent  increase  in  RPM.  See  Figure  5  (RFM/airspeed 
envelope  diagram)  for  the  actual  RFM/airspeed  boundary  obtained. 


It  was  found  that  airspeed  strcngly  affected  rotor  plane  oscillations. 

For  a  given  rotor  configuration  with  the  PJM  and  collective  blade  angle 
at  settings  which  would  produce  an  oscillation  at  some  airspeed,  increas¬ 
ing  airspeed  increased  the  severity  of  the  oscillation. 
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Figure  43.  Cabin  Vibration  as  a  Function  of  Equivalent  Airspeed. 


The  mo.  t  severe  rotor  plane  osc. Hatton  encountered  was  during  an  auto- 
'  on  -r.t  *y  at  KTAS  ar.d  93  percent  RPM .  The  booy  frequency  was 
ubo .  ha  .f way  ictweer  :  s  •- r.u  i  f  and  one -third  per  revciut.or  of  the  main 
rotor  The  maximum  amt . .  t  tie  of  excursion  ir.  eg  vertical  acceleration  at 
this  f  •ej.e.'cy  was  aootr  x  . hg .  Pi.ot  control  motions  incuced  by  the 
c  sci— it  ioi.  c  or.  tri  outer  r  >.me  <.'>  'he  rotor  •  _ane  oscillation  severity. 

Ao  resirioed  nrevi_<us..y  »Q  aud-r tonal  *ot t.s  uor.figurations  were  tested 
during  th:n  program  Th-  ro*cr  plane  -soil  at  ton  phenomenon  was  observed 
-n  be t r  cor.f  iguratio:  s  i  v.  was  strongly  .-elat.ec  t;  the  fixst  ir. -plane 
r.&tuia.  trequer.cy  ci  rb*  maces.  Genera.  1;, ,  tin-  .<soi_iation  occurred  when 
the  ■  -plane  frequency  v?  s  a  value  such  ch  *  contracting  one  from  the 
fr-’v-p eccy .  rc  convert  f‘  r.\  the  rotating  sys  en.  to  the  nor.ro tat :ng  system, 
».’OlU'  resu-t  in  a  freer-  K  1  cf  body  mot  1  or  .ha'  "as  at  eve:  fraction  of 
rot  a ;  notation,  such  as  me  half  :-x  one-third  ie  revoi  utioi  .  However, 
tms  i:.j  not  always  hap_er,  an  i  some  rf  the  boti\  m  *■: o.ns  encountered  were 
at  at  cad  fraction  of  x  ter  -ctaiona.  frequency 

With  o261  Model  256  prototype  blades  - r;src..i.ei,  rotor  p^ar.e  osciilation 
was  encountered  at  Sfc  tr  95  percent  rot.ox  RT-t<!  and  i'.v  collective  olade 
angle  with  the  oody  motton  at  one-haxf  te>  revolution.  With  62toC  standard 
Xh-oi/t  toaoes  pius  20-pound  art.  -noda’  weigh.*  nstauled,  rotor  piane 
osc  il.tH  tic-"'  with  a  body  motion  at  one- third  revolution  was  encountered 
a*  -)6  to  i  ...  percent  RPM  and  high  collect  ive  hi  ace  armies  The  6260  blade 
r  Lh  adieu  weights  had  a  xower  c  no  raw-'  se  .a :  urs _  frequency.  Co_iective 
hiaae  a.gt e  nas  an  effect  c r  the  blade  in- o!  are  natural  frequency  so  that 
• . if. rearing  the  collective  ciade  angle  recnc-*s  tne  natural  frequency.  This 
.  r •- c:  ibutec  n.,  the  different  frequences  A  oody  motion  noted  above. 

i.  •tr.il/ci.cal  stud,/  of  the  phenomena  is  ciesent.y  .nicer  vay.  It  is  ex- 
pec  r;  that  further  tests  to  resolv*  .he  preoiem  «i.i  bf  conducted  ir.cor- 
po "at  tg  configuration  changes  suggested  by  the  results  of  this  analysis. 

Hon 7.on ta Stabilizer  Loads 


Strut  . '„rai  o-.*.as  of  the  horizonta.  itani/tzei  ooti.  during  dui.  tup  to 
the  maximum  -ur ->i  23-,  KEA3  are  show:  11.  pigure  -  The  maximum  cyclic 
caUi.  or.  tat  net  -re  6910  inch-pound*  for  the  rigrr  ;i  if  vd  700 1  mch- 
V  >u:;is  r‘f-v  n-  tft  side  These  .oads  ire  it  '  -  -.he  estimated 

e>  .ura.n  -e  r:  -•*'  ■  .00  inch-pounds  e.  co.nserva’  t^e  cumu-itive  damage 
'ids  >.ys --a.  v  .  ‘.-’g  ..'.shed  for  the  left  stabilize'  using  t«-e  same  time 
est/ma'es  ie.  ■•c  *\  r  the  main  rotor  hub  3i  ues-v't-d  c  Page  <30  -  Results 
.1  this  ana  .s  -atea  that  about  six  pence.-’  ,<f  r.h  ■  stao.i.zer 
fa*  igc-  l  ift-  .  •  he  high-speed  frying  Thio  .s  acceptable  for 

a  nigh  <pc-e'  -^ear  .  ‘-nixie. 
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Pitch  Link  Loads 


The  maximum  cyclic  pitch  link  axial  load  was  only  470  pounds,  as  compared 
to  sin  estimated  endurance  limit  of  1400  pounds.  The  loads  obtained  dur¬ 
ing  buildup  to  maximum  speed  are  shown  in  Figure  42. 


Miscellaneous  Loads 


Miscellaneous  loads  and  positions  that  were  measured  up  to  the  maximum 
speed  of  234  KEAS  aie  shown  in  Figure  44.  These  measurements  include 
collective  blade  angle,  rotor  lift,  and  right  wing  bending  moment. 


Tail  Rotor  Loads 


Three  tail  rotor  configurations  were  flown  during  the  maneuverability 
program.  These  three  tail  rotor  configurations  were  identified  as  Part 
Number  54l6l8-l  Assembly  -  6-3-foot-diametnr  rotor  with  Model  286  blades 
and  15  degrees  delta-3;  Parc  Number  54lfl3-l  FT  1494  Assembly  -  6.0-foot- 
diameter  rotor  with  37  degrees  delta-3;  and  Part  Number  540571-3  Assembly 
-  6.0-foot  diameter  standard  XH-51A  rotor  with  15  degrees  delta-3- 

Structural  loads  in  the  6.3-focc-diameter  Model  286  tail  rotor  were  r.ea- 
sured  at  speeds  up  to  200  KE^  .  This  ta.il  rotor  was  evaluated  because  it 
had  a  first  antisymmetric  .  ..ding  frequency  that  was  further  removed  from 
three-per-revolution  frequency  of  the  tail  rotor.  A  sizeable  reduction 
was  anticipated  in  blade  flap  bending  loads  as  compared  with  the  standard 
XH-51A  blade  as  shown  in  Figure  38  of  Reference  i.  The  reduced  loads 
were  realized;  nowever,  excessive  teetering  and  undesirable  force  feed- 
bacx  to  the  rudder  pedals  were  encountered  at  higher  speeds. 

As  a  result  of  the  excessive  teetering  and  undesirable  force  feedback  to 
the  rudder  pedals,  the  tail  rotor  was  modified  to  reduce  the  diamecer 
from  6.3  feet  to  6.0  feet  to  help  alleviate  the  force  feedback.  In  addi¬ 
tion,  delta-3  was  increased  from  15  to  37  degrees  to  alleviate  the  exces¬ 
sive  teetering. 

The  reduced  diameter  and  increased  delta-3  tail  rotor  blades  were  rein¬ 
stalled  Loads  obtained  with  this  tail  rotor  were  reduced  even  more; 
however,  at  the  higher  speeds,  the  pilot  still  reported  undesirable  ran¬ 
dom  low- frequency  oscillations  viwh  directional  kicks  and  rudder  pedal 
force  feedback.  It  ■-•as  considered  that  further  investigation  of  this 
phenomenon  was  not  significant,  to  this  contract;  therefore,  the  6-foot- 
diameter  286  tail  rctor  was  removed,  and  tne  6-foot-diameter  XH-51A  tail 
rotor  installed. 

Tests  were  then  conducted  at  various  RPM's  from  90  to  100  percent  at 
various  iorwara  speeds.  Tail  rotor  flapwise  bending  moment  at  station 
16.8,  tail  rotor  collective  blade  angln,  tail  rotor  teeter  angle,  tail 
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COLLECTIVE  BLADE 

ANGLE@BLADE  ROTOR  LIFT  RIGHT  WING  BEND.  MOM 

STAO-DEG  I  -  If 000  LB  |  STA  BL  25  -  1000  IN.  -  LB 


rotor  shaft  horsepower,  and  tail  rotor  pitch  i.\*  axia_  joai  are  plotted 
versus  calibrated  airspeed  for  speeds  up  to  2.’>4  K£AS  (Figure  45  ; 


-■» 


Analysis  of  tne  previous  XH-31A  tail  rotor  ioaa-  and  structural  properties 
showed  that  Station  j.6.8  was  the  most  critics’  station.  Therefore,  only 
flapvise  bending  at  Station  l6.8  was  instrumented  and  measured  during 
these  tests  Maximum  cyclic  load  at  Station  ..6.8  was  124-  inch-pounds  at 
98  percent  RIW  at  22.1  •>  KJEA3.  The  cyclic  load  with  the  RFM  reduced  to 
95-5  perceni  at  ,3**  was  only  1050  inc'n-pcunds.  The  .240  inch-pound 

cyclic  load  is  only  slightly  over  the  1060  incn-pounu  estimated  endurance 
limit  for  this  sect’ on 

This  estimaied  endurance  limit  of  106C  inch-pounds  v/as  raised  from  the  760 
inch-pounds  used  ir  Reference  by  taking  advantage  of  fatigue  test  data 
that  were  obtained  Federal  Aviation  Agency  certification  of  the  Model 
286  helicopter,  wnich  has  a  similar  tail  rotor  blade  construction .  The 
760  inch-pound  endurance  •. !r»it  v.’as  based  on  an  aiiowaole  endurance  limit- 
stress  of  15,000  pea. 


Nap-Of-The  Earth  Testing 


Maximum  main  rotor  hub  loads  obtained  during  the  terrain-following  par 
tion  of  the  nap--of- the -earth  testing  were  during  the  high-speed  run  at 
192  KEAS.  During  tnese  tests* tne  maximum  cyclic  flapwi.se  bending  moment 
at  Station  6  was  30,50G  inc.n-pounds .  This  cyclic  flapwise  bending  moment, 
converts  to  a  stress  if  -'3-2X  psi  at  Station  7  The  cyclic  cnordwise 
bending  moment  at  3 tal . on  6  was  52,000  inch-pounds:  this,  converts  to  -1 
stress  of  7,^00  p 3;  at  ilaticr  7  The  sum  of  the  two  resets  ir  a  maxi¬ 
mum  possible  cyclic  stress  of  51,100  psi  at  the  corner  of  the  hub  at 
Station  7- 

During  the  Army  Dozen  port) n>  of  the  nap-of-the-earth  testing  texcept  fir 
side  hill  landings),  the  maximum  cyclic  flapwise  bending  moment  of  -- 2 .  3  ^ 
inch-pounds  converts  ic  *  stress  of  31,700  psi  at  Static-'  .  and  the 
chordwise  bending  moment  of  ii-VOGt?  irch-pounds  converts  *■..•  1  i-  .res-  it 
18,200  psi  at  Station  7.  The  sum  of  the  two  results  in  -  maxim-m.  n.sst en¬ 
cyclic  stress  of  49,9X>  psi  &t  :he  corner  of  the  hub  at  e<.>.  01 

Side  Hill  Landing 

Two  side  hill  landings  and  takeoffs  on  a  right  slope  (down  to  .  ne  t  wo  :• 
4.2  and  7.0  degrees  were  conducted  luring  the  Army  Dozen  nap -of  'v-  --.••• 
testing.  The  cyclic  main  refer  ■'  .apvi se  and  cnordwiss  bencmc  mime  -  •) 
Station  6  are  as  follows. 
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Landing  on  4. 2 -degree  si ope 
Tatteoff  on  4. 2-oegree  slope 
Landing  cn  7- '-'-degree  slope 
TaKeoff  on  7 .O-degree  slope 


Chord  Bend  at  6 

30,600  in. -lb 
39,^00  in. -lb 
23,100  in. -lb 
26,300  in. -lb 


Flap  Bend  at  6 

12,300  in. -lb 
15,200  in. -lb 
16,100  in. -lb 
].4,500  in. -lb 


The  maximum  stress  vas  29,200  psi  during  the  landing  on  ‘.he  7.0-degree 
slope . 


ROUGH  AIR  OPERATION 


GENERAL 

The  compound  helicopter  was  x'lown  in  turbulent  atmospheric  conditions  at 
different  airspeeds  in  the  range  from  125  to  200  KEAS.  An  instrumented 
fixed-wing  airplane  (Beecncraf t  Baron)  was  flo.Ti  in  formation  with  the 
helicopter  to  obtain  comparative  data  on  CG  ve: tical  acceleration  for  the 
two  types  of  aircrai t . 

The  flights  were  made  at  an  average  pressure  altitude  of  1500  feet  with 
tne  course  along  the  edge  of  a  mountain  range  so  that  the  ground  clear¬ 
ance  varied  from  around  100  feet  to  over  500  feet.  The  horizontal  sepa¬ 
ration  between  the  two  aircraft  was  held  at  about  100  feet.  Records  were 
taken  only  when  both  aircraft  were  in  rough  air  over  the  selected  course. 
The  time  distribution  of  recorded  and  analyzed  data  for  each  speed  i~ 
shown  below.  Data  for  the  Beechcraft  Baron  were  not  obtained  at  200  KEAS 
since  this  speed  was  above  its  level-flight  speed  capability. 


; 

l 

; 

Speed- 

KEAS 

Time  in  Rough  Air 
Airplane 

-  Seconds 
helicopter 

j 

1 

125 

130 

158 

177 

200 

101.4 

294.5 

1^4.1 

123.0 

101.4 

294.5 
194.1 

123.0 

95.3 

I  - 

Total  Time  -  Sec.  = 

-  Mir.. 

713.0 

11.9 

808.3 

13.5 

Tne  average  helicopter  weight  was  5100  pounds,  and  the  average  airplane 
weight  was  4'  DO  pounds . 

VERTICAL  ACCELERATION  DUE  TO  GUSTS 

A  time-history  showing  a  comparison  of  CG  accelerations  obtained  in  the 
two  aircraft  for  a  time  span  of  120  seconds  is  shown  in  Figure  46.  The 
equivalent  airspeed  for  this  test  was  130  knots.  The  CG  vertical 
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acceleration  shown  is  the  response  of  the  aircraft  to  a  gust  input  after 
'"airing  out  the  structural  response  ;  t  approximately  8  cps  of  the  airplane 
and  one  per  revolution,  response  of  the  helicopter  at  6  cps  due  to  a  slight 
unbalance  in  the  rotor 

4  statistical  analysis  of  the  gust  response  of  the  two  aircraft  was  made 
using  the  "nean-crossing  peak  count  method"  as  described  in  Reference  4 
,o  obtain  peak  counts  of  CG  vertical  acceleration.  In  this  procedure, 
only  one  count  is  made  between  two  successive  mean  crossings.  Either  the 
highest,  maximum  or  tno  lowest  minimum  is  counted.  The  positive  and  nega¬ 
tive  deviations  from  the  mean  1-g  level  were  counted  separately.  The 
counting  started  at  toe  ‘.eveL  of  t0.05g  and  was  stepped  up  and  down  in 
increments  of  ±0.1g,  disregarding  ail  maxima  and  minima  in  the  ±9.05g 
Dana  The  results  a-*e  snowr  as  number  of  exceedances  plotted  in  the 
•jente;  of  the  corresponding  g  increment. 

A  comparison  of  CG  vertical  acceleration  exceedances  for  the  XH-51A 
compou.od  and  the  Beechcra:  t  B&ror  is  shown  in  Figure  47.  The  data  repre¬ 
sent  a  flight  time  of  4.9  minutes  at  1 <0  KEAS.  Figure  98  shows  a  similar 
comparison  for  a  flight  time  of  11.9  minutes  at  various  equivalent  air¬ 
speeds  from  125  to  knots,  the  maximum  speed  where  airplane  data  were 
obtained.  Even  though  the  times  involved  are  quite  short  and  therefore 
represent  only  a  small  statistical  sample,  it  is  evident  for  both  the  air¬ 
plane  and  the  helicopter  that  there  was  no  significant  change  in  the  shape 
and  slope  of  the  load  factor  distribution  curves.  Therefore,  it  is  rea¬ 
sonable  to  presume  that  if  a  considerably  longer  sample  had  been  obtained 
over  the  same  course,  there  would  be  no  significant  change  in  distribu¬ 
tion,  just  a  greater  count  at  each  g  level  ar.d  possibly  a  higher'  peak  g 
value. 

The  compound  helicopter  load  factor  increments  for  the  total  time  averaged 
about  three- fourths  of  the  airplane  load  factor  increments.  The  airplane 
shows  a  nearly  symmetric  response  for  both  positive  and  negative  load 
factor  increments.  The  nelicoptei  had  slightly  less  response  in  the 
negative  direction  as  compared  to  its  positive  response,  especially  at 
higher  load  factors. 

Pilot  comments  on  flying  the  compound  helicopter  in  rough  air  are  given 
below: 


'The  compound  helicoDter's  flignt  through  rough  air  at  a 
forward  center  of  gravity  is  very  comfortable  and  it  is 
more  stable  than  most  airplanes.  In  the  150  to  290  KEAS 
range,  it  can  be  trimmed  for  hands-off  flight  and  gusts  will 
not  disturb  the  flight  path  for  long  periods  of  time. 

"With  a  neutral  center  of  gravity  the  helicopter  has  a 
sharp  momentary  nose-down  pitch  at  tne  peak  of  a  gust  that 
gives  an  unstable  feeling,  especially  at  high  speed.  However, 
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in  rough  =.i~  wiir-  tne  Beechcraft  Baron  alongside,  the  airplane 
was  bouncin*  -iro..:v  m  ci  more  than  the  compound  helicopter  was." 

Phe  load  factor  cout  '<>»  :ne  helicopter  fo>-  ant  fyll  time  of  '3.5 
minutes  is  snowr  5ia'  These  data  include  .na  tes.  :  ■/~>~  KEAS 

Phe  general  s.nape  ird  -•  i..-uc  the  distribution  c.irv->  s  are  -.Lmila.  -<• 

..nose  obtained  fo.  ini.'1  •*•  ires  This  further  corroborate -  .ne  com-en- 
rion  that  the  relative  » oac  tv.'  .<>*  distribu;:.oi  Dini.ec  is  a  reasonable 
representation  for  any  me  ueri*>d  for  the  sane  f?t  >r  et>atr  and  •  er 
"air-  clearance. 

dEP.IVED  GUST  VELOCITIES 

■ins’;  velocities  were  derives  ;  r  orr  the  CG  ve‘”  tea  i  dece_  a  lot  oeaxs  a->r 
bo  to  the  airplane  and  tr-e  .•  impound  helicopter  *v-  ■:■-••  >  -s  mi -rut 
peaks  were  added  togethe*  •*'  calculations  oev  «  •’eoe  ;;  •  from  weak 

count  to  nautical  miles  to  .  eacn  or  exceed  i  -rive*  nr  <es.ocl'»  Tne 
results  obtained  tor  both  aircraft  are  shown  ir  Figure  .  i-  --.wo  sets 

of  data  are  in  close  enougf  agreement  that  ~  -ltgj?  : airing  represents 
noth.  The  good  agreement  obtained  indicate*  :.-a-  octr  renter e 3  experi¬ 
enced  essentially  the  same  gust  environment  Jerwec  velocities  in 

the  20-  to  24-feet  per  second  range  were  obtai.tec  a-  01:-  -very  L't  miies, 
indicating  that  the  atmosphere  encountered  vas  i  n  re  turbulent .  A  cor- 
p&iison  is  made  with  data  obtained  with  an  y>  1A  -.trpiane  during  training 
missions  at  an  altitude  range  of  1000  to  2'»  reer  Reference  1,  Figure 
-3) .  Assuming  that  the  OV  1A  data  include  -  uar  or  oosi.ive  and  rega- 
ive  gusts,  the  environment  tor  the  XH-51A  ta.potr-rt  helicopter  contained 
gist?  with  a  derived  gist  velocity  of  12  fee*  ue  -.econo  about  jO  times 
■more  frequently  than  did  the  OV-  LA  environmec7 .  ’-.igr.er  gust  veloci- 
ies.  fee  r  tic  was  even  greater 

Tne  airplane-aer ived  rust  velocities  were  calcui&uet*  «a«ig  ..nt  generally 
accepted  aquation  for  airplanes  showr.  in  parag-ao’-  ;  1  of  Reference  0 
Tne  compound  helicopter-derived  gust  velocities  »*>»«•  calculated  using  an 
equation  whine  comb- red  the  airplane  equation  w.  •  equation  or  com 

outing  helicopter  rotor  gust  load  factors  as  snow?  neterenct  6.  'Chi 

rusT  alleviation  factor  was  computed  for  the  airplane  parameter  of  -.he 
comuo'jaia  helicopter  assuming  that  the  aircraft  was  strictly  an  airpiare 
and  that  tne  wing  .supported  the  entite  weight.  Tne  same  rusT  alleviation 
t  ho  ;  .01  ij  8a  :  was  arbitrarily  applied  to  the  helicopter  rotor  por- ion  of 
! v-  equation  The  good  agreement  obtained  in  tne  derived  gus*  velocities 
o'  the  two  aircraft  indicates  that  this  assumption  oi  alleviation  factor 
was  reasonable.  The  derived  gust  velocities  for  tne  rotor  of  tne  compound 
.helicopter  were  also  computed  using  a  method  independently  developed  by 
_  .-c  kneed  The  results  obtained  were  essentially  identical  .0  those 
obtained  using  the  reference  equation. 
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:  ee  of  Cu  Acceleration  Increments 
ir  for  a  Test  Time  of  1 3  • !?  Minute 


-  XHS1A  COMPOUND  HEUCOTTW  (TIME  -  13.5  Ml 


MAIN  ROT’OR  LOAD  MEASUREMENTS 


Main  rotor  chordwise  and  flapwise  bending  moment  measurements  on  the  hub 
at  Station  6  were  obtained  during  the  flights  in  rough  air.  Time- 
histories  of  these  measurements  for  speeds  of  1; D  and  200  KEAS  are  shown 
in  Figures  51  and  52.  Also  shown  are  CG  acceleration,  pilot  control  posi¬ 
tions,  and  derived  gust  velocity.  The  chordwise  cyclic  moments  are  at 
one-per-revolution  frequency  and  appear  tc  be  essentially  a  direct  func¬ 
tion  of  load  factor.  The  flapwise  cyclic  moments  have  a  high  two-per- 
revolution  component  of  load  in  audition  to  the  one-per-revolution  loads. 
The  mean  flapwise  load  is  a  function  of  load  factor,  but  the  cyclic  com¬ 
ponent  is  not  directly  related  to  load  factor.  As  explained  previously 
in  the  Structural  Leads  portion  of  the  Agility  and  Maneuverability  sec¬ 
tion,  the  cyclic  component  is  mainly  a  function  of  angular  acceleration 
in  pitch. 


1 
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Statistical  analysis  of  the  flapwise  ar.d  chordwise  bending  moments  has 
been  performed  using  the  range-pair  count  method  as  described  in  Refer¬ 
ence  4.  A  range  pair  consists  of  a  pair  of  ranges  of  opposite  sign  where 
the  range  is  defined  as  the  difference  between  two  successive  extreme 
values  of  the  variable  load.  A  positive  range  goes  from  a  minimum  to  a 
maximum  and  a  negative  range  goes  from  a  maximum  to  a  minimum.  One  half 
of  a  range  is  called  the  cyclic  value.  In  the  following  data  presentation, 
only  cyclic  values  are  shown.  Each  range  pair  to  be  counted  consists  of 
a  positive  increment  exceeding  a  prescribed  threshold  value  combined  with 
the  next  negative  increment  exceeding  the  same  prescribed  magnitude. 

Load  variations  below  the  prescribed  value  are  disregarded.  The  pre¬ 
scribed  threshold  value,  the  exceedance  of  which  is  being  counted,  is 
increased  in  steps  up  to  the  maximum  load  expected,  starting  *d.th  a  low 
threshold  value.  New  exceedance  counts  are  obtained  for  each  threshold 
level.  By  this  counting  procedure,  the  frequently  occurring  low  loads 
are  counted  when  the  threshold  level  is  low,  while  large-amplitude  mean 
load  variations  at  low  frequency  are  counted  when  the  threshold  level  is 
high. 


The  gust  loading  spectrum  of  chord  bending  at  Station  6  for  the  total 
time  of  13-5  minutes  is  shown  in  Figure  53.  A  steady  flight  spectrum 
for  the  same  speeds  and  time  distribution  is  also  shown.  The  maximum 
chordwise  loads  in  the  rough  air  encountered  are  about  40  percent  greater 
than  the  maximum  level  flight  loads. 

Gust  loading  spectra  for  flep  bending  at  Station  6  are  shown  in  Figure 
54.  Spectra  are  shown  for  4.9  minutes  at  130  KEAS  and  for  the  total  time 
of  13.5  minutes.  Also  shown  are  level  flight  spectra  for  comparable 
times  and  speeds.  The  curve  for  4.9  minutes  at  130  KEAS  and  the  curve 
for  total  time  have  essentially  the  :ame  slope  and  distribution.  This 
further  verifies  the  load  factor  Cbur.*  data  and  indicates  that  even 
though  the  total  sample  obtained  is  fairly  small,  it  is  large  enough  to 
produce  reasonably  valid  statistics  on  load  factor  and  rotor  blade  load 
distribution  in  rough  air. 
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Figure  51.  Time  History  oT  Blade  Loads  and  CG  Vertical 
Acceleration  in  Turbulence  at  130  KEAS. 


Figure  52 t  Time  History  of  Blade  Loads  and  CG  Vertical 
Acceleration  in  Turbulence  at  200  KEAS . 


Tlgure  53.  Gust  Loading  Spectrum  -  Chordwise  Bending  Moment  at  S„ 


Figure  54.  Gust  Loading  Spectrum  -  Flapvise  Bending  Moment  at  Sta 


The  maximum  fiapwise  loads  encountered  in  rough  air  are  about  double  the 
maximum  steady  flight  loads.  Thus,  the  flap  bending  loads  are  relatively 
more  sensitive  to  rough  air  than  are  the  chord  bending  loads.  From  a 
fatigue  stress  standooint,  the  fiapwise  loads  are  significantly  greater 
in  importance,  since  the  hub  stresses  due  to  chord  moment  are  quite  small 
compared  to  those  due  to  flap  moment . 

For  the  total  time  spectra,  the  load  count  due  to  gusts  is  greater  at  all 
load  levels  than  the  count,  for  steady  flight.  However,  to  get  an  approx¬ 
imate  assessment  of  the  effect  of  rough  air  on  main  rotor  fatigue  life, 
the  relation  between  the  rough  air  loads  and  the  loading  levels  corre¬ 
sponding  to  endurance  limit  stresses  has  to  be  obtained.  Using  the  known 
section  properties  of  the  critical  area  of  the  hub  and  an  endurance  limit 
stress  conservatively  estimated  at  26,000  psi,  the  endurance  limit  loads 
would  be  a  flap  moment  of  about  14,000  in, -lb  in  combination  with  a  chord 
moment  of  44,000  in. -lb. 

For  the  total  time  gust  spectra  of  13.5  minutes,  the  endurance  limit  flap 
moment  of  14,000  in. -lb  is  exceed. a.  for  130  cycles  out  of  a  total  number 
of  onc-per- revolution  cycles  of  about  4800,  or  less  than  3  percent  of  the 
total  cycles.  Referring  to  Figure  5%  which  compares  the  gust  environ¬ 
ment  of  these  tests  with  the  gust  environment  for  typical  low  altitude 
mi  iion  flying  obtained  with  an  OV-LA  airplane,  a  factor  of  50  is  a  rea¬ 
sonable  value  for  reducing  the  test  rough- air  spectrum  to  one  that  would 
simulate  typical  mission  flying.  Therefore,  for  1000  hours  of  flight 
time  where  21,300,000  cycles  of  one  per  revolution  are  obtained,  the  num¬ 
ber  of  cycles  of  load  due  to  rough  air  which  would  exceed  the  endurance 
limit  load  could  be  estimated  as  follows: 

Cycles  =  — 45b6 x V —  =  11,600 

The  number  of  cycles  which  exceeds  the  endurance  limit  per  1000  hours  of 
flight  time  will  certainly  have  some  effect  on  fatigue  life,  but  the  re¬ 
duction  in  fatigue  life  does  not.  appear  to  be  very  severe.  In  fact,  it 
would  appear  that  t're  proportion  of  fatigue  damage  that  rough  air  would 
cause  in  a  gyro  controlled  rigid-rotor  helicopter  main  rotor  is  probably 
less  than  the  damage  that  would  occur  tn  an  airplane  designed  for  the 
same  mission  and  flying  in  the  same  environment. 


HOVER U>'G  AITD  HOVER  tlAKEUVERS 


GENERAL 

All  hover  maneuvers  discussed  in  these  sections  were  performed  with  a 
longitudinal/lateral  system  sensitivity  of  83/15**  percent,  respectively. 

In  addition  they  were  all  performed  without  the  J-SO-^-2  auxiliary  thrust 
engine  operating.  The  increased  gross  weight  and  the  tail  rotor  torque 
limits  of  the  compound  helicopter  restricted  this  investigation. 

HOVERING  OVER  A  SPOT 

A  steady  hover  over  a  spot  was  performed  for  5  minutes.  The  aircraft  had 
no  tendency  to  wander,  and  it  was  possible  for  the  pilot  to  remove  his 
hands  and  feet  from  the  controls  for  short  periods. 

SIDEWARD  FLIGHT 

Sideward  flight  characteristics  were  evaluated  at  speeds  of  10,  20,  and 
30  knots  to  the  right  and  left.  A  pace  vehicle,  incorporating  an  anemom¬ 
eter,  was  used  to  establish  the  steady- state  speeds.  The  variation  of  the 
cyclic  control  and  rudder  pedal  positions  in  sideward  flight  arc  presen¬ 
ted  in  Figure  55-  The  results  indicate  tnat  control  margins  are  adequate 
at  sideward  flight  speeds  up  to  30  knots  ir.  either  direction.  The  posi¬ 
tive  position  grad,  nt  for  the  lateral  cyclic  control,  shown  in  Figure 
55,  is  less  than  that  obtained  for  the  conventional  XH-51A  helicopter. 

This  is  due  primarily  to  using  a  lateral  system  sensitivity  of  per¬ 
cent  whi  .h  reduces  the  control  travel  required  for  a  given  trim  moment 
by  35  percent.  The  wing  did  not  appear  to  nave  an  adverse  effect  on 
sideward  flight  characteristics. 

Sideward  flight  was  easily  accomplished.  However,  ~'nere  is  a  transition 
zone  from  about  8  to  l8  knots  in  left  sideward  flight  that  can  be  objec¬ 
tionable.  This  is  shown  by  the  shaded  area  in  Figure  55.  In  this  region 
the  pilot  senses  a  near  neutral  directional  stability,  which  is  manifested 
as  an  uncertainty  in  the  pedal  position  requirea.  The  scope  of  this  re¬ 
search  program  did  not  permit  a  more  detailed  investigation  of  this  area. 
At  either  side  of  this  speed  range,  the  aircraft  handles  very  well.  High 
pedal  forces  are  app  rent  in  left  sideward  flight  due  to  the  36-pound-per- 
inch  pedal  force  gradient.  Like  the  conventional  XH-51A  helicopter,  tail 
rotor  torque  limits  the  maximum  speed  in  right  sideward  flight.  The 
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Figure  55*  Control  Position  Variation  During  Sideward  Flight 


results,  as  shown  in  Figure  55  >  are  quite  similar  to  those  obtained  in 
sideward  flight  for  the  conventional  XH-51A  helicopter,  when  the  differ¬ 
ences  in  gross  weight  and  longitudinal/lateral  system  sensitivities  ere 
considered. 

During  the  sideward  flight  testing,  the  maximum  cyclic  load  of  the  tail 
rotor  flapwise  bending  at  station  16.8  was  only  605  inch-pounds.  Inis 
maximum  load,  whicn  occurred  during  tne  20-knot  right  sideward  flight* 
is  well  below  the  1060  inch-pound  estimated  endurance  limit. 

The  maximum  tail  rotor  cyclic  teetering  angle  was  only  2.0  degrees.  This 
cyclic  teetering  angle  is  well  below  the  teeter  stops  which  are  at  10. 5 
degrees . 

REARWARD  AND  LOW-SPEED  FORWARD  FLIGHT 

Rearward  and  low- speed  forward  flight  evaluations  were  conducted  at  air¬ 
speeds  up  to  30  knots  vith  the  same  pace  vehicle  used  for  sideward  flight. 
Figure  56  presents  the  control  positions  required  for  rearward  and  for¬ 
ward  flight  from  a  trimmed  hover  condition.  These  data  indicate  that 
adequate  control  margins  remain  in  all  axes.  Control  motion  is 
positive  from  30  knots  rearward  to  the  forward  flight  transition  speed. 

Rearward  flight  was  stable  and  smooth  -h  the  exception  of  a  UP  vibra¬ 
tion  at  20  to  30  knots.  Longitudinal  .  .ces  were  high  because  of  the 
large  control  displacement  from  trim  required  for  rearward  flight.  These 
high  forces  are  due  to  the  8-pound-per- inch  longitudinal  feel  spring. 

UP  vibration  was  also  higher  during  the  forward  flight  transition.  Tail 
rotor  loads  did  not  change  significantly  from  hover  to  the  30-knot  rear¬ 
ward  or  the  30-knot  forward  speed. 

The  results  obtained  in  forward  and  rearwara  flight  are  also  similar  to 
those  obtained  ’..1th  the  conventional  XH-51A  helicopter,  when  the  differ¬ 
ences  in  gross  weight  and  longitudinal/lateral  system  sensitivities  are 
considered. 

TURN  ON  A  SPOT 

Turn-on-a-spot  tests  were  conducted  to  evaluate  hover  control  response. 

The  rudder  pedals  were  displaced  in  l/2-inch  increments  up  to  a  maximum 
of  2  inches  to  the  right  and  1.5  inches  to  the  left  of  the  hover  trim 
position.  The  steady-state  yawing  control  response  is  approximately  72.0 
degrees  per  second  per  inch  of  p“dfl  input.  Right  pedal  displacement 
was  limited  to  2  inches  from  trim  because  of  tail  rotor  teeter  stop  lim¬ 
itations.  When  the  teeter  stops  were  contacted,  the  tail  rotor  blade 
cyclic  flapwise  bending  moments  at  station  16.8  reached  a  maximum  of  5950 
inch-pounds,  well  above  the  106G  inch-pounds  estimated  endurance  limit. 

A  count  of  the  number  of  cycles  at  each  amplitude  of  the  cyclic  flapwise 
bending  moment  at  station  16.8  in  combination  with  a  cumulative  aamage 
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LONGITUDINAL  CONTROL  LATERAL  CONTROL  TAIL  ROTOR  PEDAL 
POSITION  -  IN.  POSITION  -  IN.  POSITION  -  IN. 


analysis  indicated  that  the  fatigue  life  o '  the  tail  rotor  blades  may 
have  been  approached,  so  the  blades  were  replaced. 


Left  pedal  inputs  were  limited  to  1.5  inches  from  trim  because  of  tail 
rotor  torque  limi  ations.  Although  it  was  easy  to  execute  turns  on  a 
spot  in  either  direction,  it  was  difficult  to  stop  a  right  turn  on  a 
desired  heading  without  exceeding  the  tail  rotor  torque  limit.  As  in 
sideward  flight,  the  wing  did  not  have  any  appreciable  effect  on  the 
results. 


CROSSWUJD  HOVER 


Crosswind  hover  maneuvers  were  conducted  in  winds  of  12  to  15  knots  to 
simulate  real-life  conditions.  Station- keeping  capabilities  with  head 
winds,  tail  winds  and  quartering  winds  were  evaluated  along  with  accel¬ 
eration  and  deceleration  in  sideward  flight  to  new  hovering  locations. 
The  pilot  reported  that  the  maneuvers  were  easily  accomplished  and  that 
no  limiting  conditions  were  encountered. 
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AUTORCTATION 


ROTOR  RPM  DECAY  CHARACTERISTICS 


Simulated  failures  of  the  PT6b-9  main  roto**  engine  from  a  level  flight 
condition  were  conducted  to  evaluate  the  power-off  rotor  RPM  decay  charac¬ 
teristics  over  the  airspeed  envelope  as  a  function  of  initial  rotor  RPM 
and  collective  blade  angle.  Nominal  true  airspeeds  of  55  to  200  KTAS  were 
evaluated  in  combination  with  initial  rotor  speed  settings  of  100,  95  and 
90  percent,  and  collective  blade  angles  from  1.U5  to  7. 50  degrees.  The 
a.txiliary  thrust  level  of  the  J-60  engine  wa~,  maintained  at  its  trim  value, 
and  no  corrective  action  was  taken  except  the  use  of  cyclic  control  to 
maintain  constant  airspeed. 

The  results  of  these  tests  are  shown  in  Figure  57;  they  indicate  that  the 
power-off  decay  rate  increases  with  increasing  airspeed,  collective  blade 
angle,  and  initial  RPM  setting. 

Fecause  the  compound  helicopter  is  operated  with  very  little  lift  on  the 
rotor  at  high  speed,  the  power  requirements  of  the  rotor  are  correspond¬ 
ingly  low.  This  results  in  lower  RIM  decay  rates  in  the  event  of  engine 
failure. 

The  RIM  decay  rates  are  less  at  lower  initial  RPM  settings;  this  is  only 
partially  relieving  since  the  underspeed  margins  are  reduced  accordingly, 
and  the  minimum  power-off  RPM  of  89  percent  is  reached  sooner. 

As  flight  speed  is  reduced,  the  decay  rates  diminish  rapidly.  This  indi¬ 
cates  the  desirability  of  reducing  auxiliary  thrust  soon  after  a  main 
engine  failure  occurs .  A  pull-up  maaeuv  r  produces  two  beneficial  effects. 
First,  the  higher  engles  of  attack  reduce  the  main  rotor  power  require¬ 
ments  .  Second,  forward  speed  is  lost  at  a  greater  rate.  Each  of  these 
factors  tends  to  prevent  rotor  underspeeds . 

No  difficulty  is  encountered  in  establishing  steady  decay  rates  at  a  con¬ 
stant  airspeed.  The  longitudinal  trim  shift  which  accoc^panies  a  simulated 
power  failure  is  small  and  is  controlled,  with  no  diificulties  encountered 
iu  maintaining  aircraft  attitude  and  airsp;ed  control. 

Because  of  these  characteristics,  autorotations  could  he  made  at  flight 
speeds  above  200  knots.  This  phase  of  the  program  is  discussed  more  fully 
in  the  following  section. 
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AUTOROTATION  ENTRIES 


Simulated  Failure  cf  the  FT6B-9  Main  Rotor 


Autorotation  entries  were  evaluated  in  progressive  increments  over  the 
airspeed  envelope  up  to  and  including  a  true  airspeed  of  232  knots  at  an 
initial  rotor  speed  of  100  percent  and  a  forward  center  of  gravity.  En¬ 
tries  were  also  performed  over  the  airspeed  envelope  up  tu  and  including 
a  true  airspeed  of  212  knots  with  an  initial  rotor  RFM  of  100  percent  and 
a  neutral  center  of  gravity.  Entries  at  reduced  initial  REM  settings  of 
95  and  90  percent  were  conducted  up  to  and  including  maximum  true  airspeeds 
of  165  and  180  knots,  respectively,  with  neutral  centers  of  gravity. 


All  entries  were  performed  at  a  collective  blade  angle  of  approximately 
4.00  degrees  at  blade  station  zero.  This  blade  angle  is  the  optimum 
setting,  since  the  same  position  is  used  for  high-speed  level  flight;  thus, 
the  need  for  any  manipulation  of  the  collective  control  is  eliminated. 


The  basic  autorotation  entry  technique  consisted  of  immediate  spoiler  de¬ 
ployment  upon  sensing  (or  simulating)  the  main  rotor  engine  failure, 
followed  by  entry  into  a  right  climbing  turn  to  increase  rotor  ai  gle  of 
attack  and  to  assist  in  decelerating  the  aircraft  to  lower  airspeeds. 

Rotor  RFM  was  controlled  by  varying  load  factor  in  the  turn.  Auxiliary 
thrust  was  reduced  to  idle  immediately  after  spoiler  deployment  to  further 
aid  in  deceleration  of  the  aircraft  to  lower  airspeeds.  When  the  lower 
airspeeds  were  reached, a  power  recovery  to  level  flight  was  performed. 

(In  the  event  of  an  actual  main  rotor  engine  failure,  auxiliary  thrust  can 
be  modulated  to  maintain  flight  and  permit  selection  of  a  suitable  landing 
site.)  Variations  of  this  method  were  performed  by  the  pilots  and  con¬ 
sisted  mainly  of  entering  the  right  turn  before  spoiler  deployment,  fo1- 
lowed  by  reducing  the  auxiliary  thrust  or  vice  versa.  An  alternate  at 
high  speed  consists  of  using  a  symmetrical  pull-up  in  lieu  of  a  climbing 
turn.  This  net  only  results  in  a  more  rapid  reduction  in  flight  speed  but 
also  should  permit  the  attainment  of  the  proper  angle  of  attack  in  a 
shorter  period  of  time.  Additional  aufcorotation  testing  is  require!  to 
determine  all  of  the  advantages  and  disadvantages  of  this  procedure. 


During  a  simulated  main  rotor  engine  failure,  the  helicopter  noses  down 
slightly  and  yaws  to  the  left.  These  trim  changes  are  easily  handled  and 
do  not  require  any  unusual  piloting  techniques.  When  the  spoilers  are 
deployed,  the  aircraft  again  noses  over  slightly.  This  results  in  a 
small  rotor  RFM  loss  which  ia  easily  regained  during  the  rest  of  the 
maneuver. 


Figure  5&  is  a  time  history  of  an  autorotati  n  entry  at  a  true  airspeed  of 
228.5  knots,  at  a  longitudinal  system  sensitivity  of  100  percent,  and  with 
•  center  of  gravity  approximately  1.5  inches  forward  of  the  rotor  cast. 

The  spoilers  were  deployed  1.0  second  after  entry,  and,  auxiliary  thrust 
was  reduced  1.8  seconds  after  spoiler  deployment . •  Rotor  RFM  dropped  to  a 
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minimum  of  96.5  percent,  but  an  increase  in  load  factor  brought  it  back  up 
to  100  percent  well  before  the  power  recovery  was  initiated.  At  this 
point,  the  aircraft  had  decelerated  from  208  to  158  KEAS  in  a  period  of 
10.5  seconds.  Aside  from  the  initial  control  inputs  to  build  up  the  load 
fact  \r,  the  longitudinal  and  lateral  trim  shifts  were  approximately  0.80 
inch  aft  and  0.70  inch  left,  respectively. 

The  autorotation  entry  at  a  maximum  true  airspeed  of  232.0  KTAS  is  pre¬ 
sented  in  Figure  59*  The  longitudinal  system  sensitivity  was  100  percent, 
at  an  initial  rotor  RPM  of  100  percent  and  a  center  of  gravity  1.5  inches 
forward  of  the  rotor  mast.  Auxiliary  thrust  was  reduced  1.0  second  after 
entry,  and  the  spoilers  were  deployed  1.3  seconds  later.  This  maneuver  was 
a  satisfactory  demonstration  of  a  high-speed  autorotation  entry.  However, 
the  combination  of  low  load  factor  upon  entry  into  the  turn  and  the  delay 
in  spoiler  deployment  allowed  the  rotor  RFM  to  decreese  to  93  percent 
approximately  2.5  seconds  after  initiation  of  the  autorotation  entry. 

This  combination  of  high  airspeed  and  low  rotor  RFM  is  outside  of  the  RIM/ 
airspeed  envelope  and  resulted  in  rotor  plane  oscillation.  This  condition 
damped  out  as  the  aircraft  was  decelerated  to  a  lower  airspeed,  from  which 
a  normal  recovery  to  powered  flight  was  performed.  Rotor  plane  oscillation 
is  a  phenomenon  encountered  at  high  airspeeds  with  low  to  intermediate 
rotor  RIM  settings  and  is  not  directly  related  to  high  speed  autorotation 
entries.  See  Rotor  Plane  Oscillations  for  a  complete  discussion  of  this 
condition  (page  73  ) . 

Simulated  Failure  of  J-60-P-2  Auxiliary  Thrust  Engine 

Eighteen  simulated  power  failures  of  the  J-60  auxiliary  thrust  engine  were 
conducted  over  a  true  airspeed  range  of  160  to  226  knots  to  evaluate  the 
effect  of  J-60  engine  power  loss  on  flight  characteristics.  While  main¬ 
taining  a  fixed  collective  blade  angle,  the  rate  of  simulated  auxiliary 
thrust  loss  was  varied  and  did  not  appear  to  have  any  effect  on  handling 
characteristics . 

The  nose-down  trim  change  associated  with  thrust  loss  became  more  notice¬ 
able  with  increasing  airspeed,  but  was  easily  controlled.  If  no  immediate 
corrective  action  was  taken,  a  mild  right  sideslip  together  with  the  nose- 
down  trim  shift  occurred .  However,  control  of  the  aircraft  was  still 
easily  maintained. 

Simulated  Simultaneous  Failure  of  Both  Engines 

The  location  of  the  J-CO  auxiliary  thrust  engine  throttle  control  on  the 
collective  twist  grip  and  the  FT6B-9  main  rotor  engine  N,  control  mounted 
on  the  console  quadrant  lever  precluded  simulating  the  simultaneous  fail¬ 
ure  of  both  engines .  However,  several  autorouation  entries  were  made  in 
wtlch  simultaneous  failure  was  approximated.  There  were  no  recovery  con¬ 
trol  proolems  during  this  limited  investigation  of  simultaneous  engine 
failure. 
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Structural  Loads 


Structural  loads  were  measured  during  the  transition  from  powered  flight 
to  autorot «t ion  and  during  autorotation  for  various  speeds  as  the  entry 
speed  was  increased  from  212  to  232  KTAS.  The  main  rotor  hub  cyclic  loads 
at  station  6  and  the  stress  at  station  7  during  autorotatio  .  »ntry  for  the 
three  highest  speed  conditions  are  as  follows: 


Autorctation  Entry 

221.5  HAS 

228.5  MAR 
232.0  MAS 


flap  Bend  Mom,  g  6 
22,800  in. -lb 


29,600  in. -lb 
26,000  in. -lb 


Chord  Bend  Mom.  @  6 
34,000  in. -lb 
68,000  in. -lb 
51,300  in. -lb 


Stress  @  7 
37*600  psi 
5?.?00  psi 
44,900  psi 


The  maximum  ccnbined  cyclic  stress  an  the  main  rotor  hub  at  station  7,  as 
derived  from  flapwise  and  chordwise  bending  moment  at  station  6,  was 
52,300  psi  at  the  228-5  MAS  autorotation  entry.  This  stress  was  due  to 
the  high  load  factor  of  2.8lg  that  set  the  high-load-factor  high-speed 
point  on  the  V-H  diagram.  The  combined  cyclic  stress,  at  station  7,  at 
the  maximum  speed  of  232  MAS  was  44,900  psi.  These  combined  stresses  ere 
well  above  the  estimated  endurance  limit  of  26,000  psi  but  the  number  of 
stress  cycles  which  exceeds  the  endurance  limit  is  four  or  less  per 
maneuver,  hence  very  few  cycles  are  accumulated  in  this  condition,  and 
uhe  degradation  of  fatigue  life  is  minimal.  As  mentioned  previously,  the 
high-speed  autorot ation  entry  at  232  MAS  was  a  satisfactory  autorotation 
entry.  However,  the  combination  of  nigh  airspeed  and  low  rotor  RFM  after 
entry  resulted  in  a  rotor  plane  oscillation  that  produced  a  combined  cyclic 
stress  of  68,200  psi  in  the  main  rotor  hub  at  station  7.  The  loads  ob¬ 
tained  in  autorat at ion  after  the  initial  eniry  maneuver  were  generally 
about  the  same  or  less  than  those  obtained  in  powered  flight  at  comparable 
airspeeds. 


LEVEL  FLIGHT  PEEFOKMAHCE  CHARACTERISTICS 


AIRSPEED  SYSTIM  CALIBRATION 


The  ship's  airspeed  system  calibration  was  checked  and  extended  to  a  speed 
of  219  KCAS  by  th»  pacer  aircraft  method.  These  data  were  obtained  by 
pacing  che  compound  hel  icopter  with  a  North  American  P-51D  Mustang  whose 
airspeed  system  had  been  calibrated  by  the  altimeter  depression  method. 

The  results  shown  in  Figure  60  are  identical  to  those  obtained  using  the 
altimeter  depression  method  during  previous  test  programs  (Figure  4  of 
Reference  1).  Extrapolation  of  these  data  to  the  maximum  attained  cali¬ 
brated  airspeed  of  235  knots  was  considered  to  be  valid  because  of  the 
linearity  and  repeatability  of  the  data. 

POWER  REQUIRED 

The  level  flight  performance  objectives  of  this  program  were  to  evaluate 
the  power  requirements  and  lift  sharing  characteristics  of  the  XH-51A 
compound  helicopter  over  the  airspeed  envelope  :  s  a  function  of  collective 
blade  angle  and  rotor  RFM  setting.  These  objectives  were  met  by  conducting 
the  testing  at  a  constant  weight  to  density  ratio  of  5875  pounds  for  the 
following  test  conditions,  at  neutral  centers  of  gravity. 


0o-»  DEG 


ROTOR 


RH<  (83)  ~  % 


100,  95,  and  90 


The  weight -to-density  ratio  of  5875  is  consistent  with  the  test  weights 
and  the  atmospheric  conditions  encountered  during  the  other  phases  of  test¬ 
ing  discussed  in  this  report .  The  scope  and  span  of  the  maneuvers!^.  j 
program  did  not  permit  evaluation  of  other  weight -to-density  ratios. 

A  collective  blade  angle  of  3-75  degrees  is  the  optimum  setting  for  high¬ 
speed  flight  in  the  XH-51A  compound  helicopter  at  takeoff  gross  weights 
from  5165  to  5275  pounds.  At  collective  blade  angles  above  3.75  degrees 
the  rotor  provided  the  largest  portion  of  the  lift  and  the  wing  is  not 
being  used  effectively.  Moreover,  the  maximum  attainable  airspeed  is 
lowered  due  to  vibration  and  structural  loads.  At  collective  blade  angles 
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below  3-75  degrees,  the  wing  supplies  a  larger  than  desirable  amount  of 
the  lift.  Indeed,  the  rotor  becomes  completely  unloaded  at  an  airspeed 
below  the  maximum  attainable.  Thus,  it  is  not  desirable  to  use  a  collec¬ 
tive  blade  setting  below  3*75  degrees  because  the  wing  will  not  be  used 
efficiently  with  a  resultant  loss  of  high-speed  flight  capability. 

Figure  Cl  presents  the  variation  of  engine  shaft  horsepower  with  airspeed 
for  a  weight -to-density  ratio  of  5875  pounds  at  100  percent  rotor  RIM  and 
collective  blade  angles  of  3.75,  5.40,  and  7.25  degrees.  As  expected,  the 
power  required  rises  with  increasing  blade  angle  for  a  given  airspeed,  and 
the  change  is  most  pronounced  at  the  low  and  intermediate  airspeeds.  At 
true  airspeeds  above  l60  knt^s  the  incremental  change  in  power  required 
with  blade  angle  becomes  less  f.nd  tends  to  approach  some  mean  variation 
with  airspeed. 

As  stated  previously,  a  collective  blade  an*  e  of  3*75  degrees  is  near 
optimal  for  operation  in  the  high-speed  flight  regime.  At  these  higher 
speeds,  the  incremental  change  in  engine  shai\,  horsepower  required  with 
airspeed  can  be  attributed  almost  solely  to  drag  effects  on  the  main  rotor. 
The  induced  pov.r  required  decreases  with  airspeed  and  th*  degree  of  rotor 
unloading.  Parasite  and  profile  power  increase  with  airspeed  and  are  in¬ 
fluenced  by  compressibility  and  reverse  flow  effects.  A  small  portion  of 
this  increase  in  power  is  due  to  the  tail  rotor.  The  variation  of  tail 
rotor  horsepower  over  the  airspeed  envelope  at  100  percent  rotor  HIM  x. 
presented  on  the  lower  half  of  Figure  62  as  a  function  of  collective  bl.de 
angle  setting.  These  data  indicate  that  with  the  3* 75-degree  collective 
blade  angle,  the  increase  in  tail  rotor  power  required  at  the  greater  air¬ 
speeds  is  due  to  parasite  and  profile  drag  effects  of  the  tail  rotor.  At 
high  airspeeds,  the  tail  rotor  is  providing  very  little  antitorque  control, 
since  the  major  portion  of  directional  trim  is  provided  by  the  cambered 
vertical  fin.  In  addition.  Figure  62  also  indicates  that  the  tail  rotor 
power  is  a  minimum  at  a  collective  blade  angle  setting  of  5.40  degrees. 

At  a  given  airspeeu,  th  combined  net  torque  of  the  auxiliary  thrust  engine 
and  main  rotor  is  a  minimum  at  the  5.40  degree  collective  setting  and  the 
lowest  amount  of  antit d rque  control  is  needed.  At  a  collective  blade  angle 
setting  greater  or  less  than  5*40  degrees  the  net  torque  is  higher  with  a 
resultant  increase  in  tail  rotor  power  required. 

Since  main  rotor  profile  power  varies  almost  directly  with  rotor  RIM. 
lowering  the  rotor  HIM  at  a  given  airspeed  and  collective  blade  angle 
causes  a  reduction  in  engine  shaft  horsepower  required.  Also,  induced 
power  decreases  at  the  lower  HIM  settings  under  these  conditions  because 
rotor  lift  is  reduced.  These  results  are  shown  in  Figure  63  as  a  function 
of  engine  shaft  horsepower  required  at  collective  blade  angles  of  3-75, 
5-40,  and  7-25  degrees.  Rotor  lift  .haracteristics  are  fully  discussed  in 
a  succeeding  section. 

The  upper  half  of  Figure  62  indicates  that  for  a  given  airspeed  and 
collective  blade  angls  setting  the  tail  rotor  power  required  decreases  as 
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CAUMATtD  AMSPCED  •  KNOTS 

Figure  60.  Airspeed  Calibration  -  Boom  System 


TRUK  AIRSHED  -  KNOTS 

Engine  Shaft  Horaepover  Required  for  Level  Plight 
Effect  of  Collective  Blade  Angle  -  Neutral  CO. 


EFFECT  OF  KOTOK  RFM  W/<r'  -  5875 


Figure  62.  Tail  Rotor  Horsepower  Required  for  Level  Flight  -  Effect 
of  Collective  Blade  Angle  and  Rotor  RfM  -  Neutral  CO. 


Figure  63.  Engine  Shaft  Horsepowei  Required  for  Level 
„  Flight  -  Effect  of  Rotor  RFM  -  Neutral  CG. 


rotor  RFM  is  reduced.  The  antitorque  requirement  of  the  tail  rotor  is 
lower  because  the  net  torque  of  the  auxiliary  thrust  engine  and  main  rotor 
is  decreasing  as  rotor  RFM  is  reduced.  Tail  rotor  power  requirements  over 
the  airspeed  envelope  are  rather  small  and  ere  not  significantly  affected 
by  operation  at  reduced  rotor  RFM  settings.  Hence,  the  variations  of 
engine  shaft  horsepower  shown  in  Figure  63  are  a  good  indication  of  chang¬ 
ing  power  conditions  at  the  main  rotor. 

The  variation  of  auxiliary  thrust  over  the  airspeed  envelope  is  presented 
in  Figure  64  as  a  function  of  rotor  RFM  and  co  J.ective  blade  angle.  These 
results  exhibit  the  same  trends  as  the  engine  shaft  horsepower  required 
data  discussed  in  the  preceding  paragraphs.  At  a  given  airspeed  and  100 
percent  rotor  RFM,  the  auxiliary  thrust  required,  increases  to  compensate 
for  the  reduction  in  shaft  horsepower  as  the  bl  de  angle  is  lowered. 
Auxiliary  thrust  required  also  increases  as  rotor  RIM  is  reduced  to  provide 
sufficient  power  to  offset  the  reduction  in  engine  shaft  horsepower.  At 
the  tipper  end  of  the  airspeed  envelope,  the  variation  of  thrust  required 
with  rotor  RFM  and  collective  blade  angle  also  tends  to  approach  a  mean 
variation  with  airspeed. 

Aside  from  comparing  the  shaft  horsepower  and  auxiliary  thrust  required  to 
maintain  level  flight  on  an  individual  basis,  it  is  also  of  interest  to 
examine  this  flight  condition  on  a  total  power  basis.  Shaft  horsepower  and 
auxiliary  thrust  were  combined  in  terms  of  equivalent  shaft  horsepower 
(ESHP),  as  defined  below  and  further  explained  in  Reference  1. 


where,  o'  =  P/p 

o 

The  variation  of  equivalent  shaft  horsepower  with  airspeed  at  100  percent 
rotor  RFM  is  shown  in  Figure  65  for  collective  blade  angles  of  3*75*  5*40, 
and  7.25  degrees.  The  equivalent  power  required  varies  slightly  with 
collective  blade  angle.  Although  the  3 . 75-degree  blade  angle  is  optimum 
for  high-speed  flight  and  results  in  lower  vibration  and  structural  xuads, 
it  has  the  highest  level  flight  equivalent  power  requirement.  It  appears 
that  there  is  a  small  power  tradeoff  with  collective  setting,  and  the  mini¬ 
mum  equivalent  power  was  obtained  at  the  5.40-degree  blade  angle.  At  180 
KTAS  the  equivalent  power  is  875  horsepower  for  the  5.40  degree  blade  angle 
and  increases  to  905  horsepower  at  the  3-75  degree  setting,  with  a  result¬ 
ant  difference  of  only  30  horsepower.  Again  it  should  be  noted  that  mini¬ 
mum  tail  rotor  power  required  was  obtained  with  a  collective  blade  angle 
of  5.40  degrees.  Operation  of  a  high-speed  compound  helicopter  cannot  be 
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Figure  65.  Equivalent  Shaft  Horsepower  Required  for  Level  Flight 
Effect  of  Collective  Blade  Angle  -  Neutral  CO. 


based  an  power  required  alone.  Effective  use  of  the  wing  and  rotor  is 
obtained  with  a  collective  blade  angle  of  3*75  degrees  and  results  in 
optimal  overall  aircraft  performance  from  the  combined  effects  of  power 
required^  handling  qualities,  vibration  and  structural  loads. 

Operation  at  reduced  rotor  RIM  for  a  given  collective  blade  angle  also 
affects  equivalent  power.  At  the  low  collective  blade  angle  of  3-75 
degrees,  there  is  an  almost  imperceptible  change  in  equivalent  power  re¬ 
quired  with  reduced  rotor  RIM,  As  the  collective  blade  angle  is  increased 
to  7.25  degrees,  these  changes  become  more  significant.  However,  the  net 
result  is  that  equivalent  shaft  horsepower  required  decreases  with  reduced 
rotor  RIM.  These  data  are  shown  in  Figure  66. 

POWER  AMD  THRUST  SHARING  CHARACTERISTICS 

The  power  sharing  characteristics  between  the  main  and  auxiliary  engines 
•re  shown  in  Figure  67  as  a  function  of  collective  blade  angle  at  100 
percent  rotor  RIM.  These  data  are  expressed  in  terms  of  power  fraction 
which  represents  the  ratio  of  shaft  horsepower  to  equivalent  shaft  horse¬ 
power  required.  Examination  of  these  data  indicates  how  the  auxiliary 
thrust  engine  provides  increasingly  more  of  the  total  power  required  with 
increasing  airspeed  and  decreasing  collective  blade  angle.  At  a  collec¬ 
tive  blade  angle  of  3.75  degrees  and  a  true  airspeed  of  2U0  knots,  shaft 
horsepower  to  the  rotor  represents  oily  16  percent  of  the  total  equivalent 
power  required. 

Power  sharing  characteristics  at  reduced  rotor  RIM  levels  are  not  signifi¬ 
cantly  different  from  those  shown  in  Figure  67  for  100  percent  rotor  RIM. 

ROTOR /WHIG  LIFT  SHARIHC  CHARtCTERISTICS 

The  variation  of  rotor  lift  to  gross  weight  ratio  with  true  airspeed  is 
presented  in  Figure  6T*  for  collective  blade  angles  of  3*75,  5.**0,  and  7.25 
degrees  at  100  perveut  rotor  RIM.  As  expected,  the  rotor  becomes  increas¬ 
ingly  unloaded  with  increasing  airspeed  at  all  collective  blade  angles  as 
the  wing  becomes  more  effective  and  supports  a  larger  share  of  the  air¬ 
craft's  weight.  Lift  is  also  transferred  from  the  rotor  to  the  wing  as 
collective  blade  angle  is  reduced.  Extrapolation  of  the  data  obtained  at 
a  collective  blade  angle  of  3-75  degrees  indicates  that  the  rotor  would  be 
completely  unloaded  at  a  true  airspeed  of  240  knots  for  the  specified  test 
conditions. 

An  explanation  of  the  lift  sharing  tradeoffs  discussed  in  the  preceding 
paragraph  can  be  found  by  examining  the  change  in  fuselage  angle  cf  attack 
with  airspeed.  These  results,  valid  only  for  the  1-g  level  flight  condi¬ 
tion,  ai^  presented  In  Figure  69.  Shown  are  the  body  attitude  changes 
necessary  to  maintain  a  constant  total  lift  on  the  aircraft  for  the  various 
collective  blade  angles  and  rotor  RIM  settings. 
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Figure  68.  Rotor  Lift  Sharing  Characteristics  in  Level  Flight 
Effect  of  Collective  Blade  Angle  -  Neutral  CO. 


TRUE  AIRSPEED  -  KNOTS 

Figure  69.  Angle  of  Attack  Variation  with  True  Airspeed  -  Effect 
of  Collective  Blade  Angle  and  Rotor  RPM  -  Neutral  CG. 


Examination  of  Figure  69  indicates  that  at  any  collective  blade  angle,  as. 
the  rotor  unloads  with  increasing  airspeed,  the  fuselage  angle  of  attack 
decreases  at  a  decreasing  rate.  Since  wing  lift  varies  directly  with 
dynamic  pressure  at  a  given  angle  of  attack,  smallei  incremental  changes 
in  fuselage  angle  of  attack  are  required  at  high  speed  to  compensate  for 
changes  in  rotor  lift  due  to  collective  changes.  Conversely,  at  low  speeds, 
much  larger  fuselage  angle  of  attack  changes  axe  required  fur  the  wing  to 
produce  its  increment  of  the  total  lift  with  a  change  in  collective  blade 
angle. 


The  manner  in  which  angle  of  attack  varies  with  changes  in  rotor  RPM  at 
the  various  collective  blade  angle  settings  is  consistent  with  the  power 
required  and  rotor  lift  data  shown  in  Figures  62,  63,  64,  66  and  70-  As 
indicated  by  the  presentation  in  Figure  69  the  incremental  changes  caused 
by  reducing  rotor  RIM  xre  negligible  at  the  3*75  degree  setting,  but  as 
collective  blade  angle  is  increased  the  effect  of  rotor  PJEM  is  more  pro¬ 
nounced. 

As  shown  in  Figure  70,  the  lifting  capability  of  the  rotor  decreases  when 
operating  at  RPM  settings  below  100  percent.  The  decrease  is  net  propor¬ 
tional  to  the  square  of  the  RPM  reduction  as  a  single  approximation  might 
suggest.  The  reason  foj  this  is  the  corresponding  increase  in  angle  of 
attack  which  tends  to  'ancel  the  lift  loss  somewhat.  At  high  speeds, 
however,  where  angle  of  attack  changes  are  quite  smll,  the  change  in  rotor 
lift  is  reasonably  well  defined  oj  the  percent  RIM  squared  approximation. 

ROTOR/WING  IJFT  SHARING  CHARACTERISTICS  IK  TUHHUfl  FLIGHT 

The  lift  sharing  characteristics  of  the  rotor/ wing  combination  were  also 
evaluated  in  maneuvering  flight.  The  results  shown  in  Figures  71  and  72 
were  obtained  in  turning  flight  during  maneuvering  stability  testing,  and 
they  represent  the  changes  in  rotor  and  wing  lift  with  increasing  load 
factor  as  a  function  of  true  airspeed  and  collective  blade  angle. 

Figure  71  indicates  the  fractional  components  of  aircraft  weight  supported 
by  the  rotor  and  wing  with  increasing  load  factor  and  airspeed  for  a 
collective  blade  angle  of  3-75  degrees.  The  total  lift  required  to  per¬ 
form  a  maneuver  is  the  product  of  load  factor  and  afjrcraft  weight  and  is, 
cf  course,  the  sum  of  wing  and  rcoor  lift.  At  a  given  load  factor,  the 
rotor  becomes  increasingly  unloaded  with  increasing  airspeed  with  the  wing 
supporting  a  laager  portion  of  the  aircraft  weight.  In  addition,  the  speed 
at  which  complete  rotor  unloading  occurs  increases  with  increasing  load 
factor.  For  example as  shown  in  Figure  71,  at  140  KTAS  and  a  load  factor 
of  l.Qg  the  rotor  carries  45  percent  of  the  weight,  with  the  wing  support¬ 
ing  the  other  55  percent.  At  a  load  factor  of  1.5Qg  the  rotor  lift  in¬ 
creases  to  80  percent  of  the  weight  while  the  wing  lift  has  increased  to 
70  percent.  For  l.Qg  flight  at  220  KTAS,  the  wing  supports  92  percent  of 
the  aircraft  weight  with  only  8  percent  of  the  weight  being  supported  by 
the  rotor.  As  load  factor  is  increased  to  1.5°g,  at  220  KTAS,  the  rotor 
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Figure  71.  Rotor  Lift  Sharing  Characteristics  in  Turning  Flight  -  Effect 
of  Airspeed  -  Neutral  CG. 


lift  increases  to  30  percent  of  the  weight  with  the  wing  supporting  120 
percent . 

These  examples  illustrate  that  at  higher  airspeeds  the  wing  is  the  princi¬ 
pal.  source  of  lift  at  all  load  factors.  It  should  be  noted  that 
the  rotor  incremental  change  of  lift,  referenced  to  the  l.Og  rotor  lift, 
is  greater  than  is  the  wing  incremental  change,  referenced  to  l.Og  wing 
lift.  This,  of  course,  reflects  the  greater  lift  slope  (pounds/angle  of 
attack)  of  the  rotor. 

Additional  rotor/wing  lift  sharing  charac  tenstics  in  turning  flight  are 
shown  in  Figure  72  for  various  collective  blade  angles  at  high  and  low 
airspeeds . 

Rotor  RFM  does  not  greatly  affect  the  lift  sharing  characteristics  shown 
in  Figures  71  and  72.  However,  because  of  the  decrease  in  level  flight 
rotor  lift  as  RFM  is  lowered,  the  wing  will  have  to  contribute  a  slightly 
larger  share  of  the  total  aircraft  lift  in  order  to  perform  a  turning 
maneuver  at  a  given  set  of  test  conditions. 

THEORETICAL  COMPARISON 


A  study  of  the  flight  test  data  has  been  made  to  establish  the  correlation 
with  the  calculated  performance  charts  of  Reference  7- 


Procedure 


The  correlation  procedure  consists  of  the  following  steps: 

1.  Use  measured  values  of  rotor  lift,  collective  blade  angle 
at  the  3/U  radius  station,  tip  speed  ratio,  advancing  tip 
Mach  number,  and  atmospheric  density  to  identify  the  proper 
chart  of  Reference  7  and  to  calculate  C^'/ir  • 

2.  Obtain  Cq'/c  from  the  chart  and  convert  it  into  rotor  drag 
in  pounds. 

3.  Determine  the  trim  conditions  of  the  aircraft  by  using  trim 
equations  derived  from  the  forces  snown  in  Figure  73 ♦ 

The  trim  equations  are: 


where 


2  Vertical  forces  =  W  -  cos  -  TR  cos  aR  -  FR  sin  (i^  +  «„)=  0 
2 Horizontal  Forces  =  FN  cos  (i^.  +  #„,)  -DR  -D^  cos  <f>  R  =  0 

a  R  =  a0D  -1R 
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The  lift  and  drag  coefficients  of  the  helicopter  without  rotor  blades  as  a 
function  of  the  local  angle  of  attack, a l,  were  measured  during  wind 
tunnel  tests  and  are  shown  in  Figure  74.  An  iteration  procedure  is  used 
to  determine  the  values  of  La,  Da,  and  F^  which  satisfy  the  equili¬ 

brium  equations. 

4.  Calculate  turbine  shaft  horsepower  using  main  rotor  power 
based  on  Cq/o  from  the  charts  of  Reference  7  and  the 
following  equation  which  accounts  for  transmission  and 
accessory  losses: 


SHP  = 


I*  +^01H^ 


+  21 


where 


HR 


TR 


.010 

~E~ 


[1  +  m2]p 


TR 


Results 

The  results  of  the  correlation  in  terns  of  calculated  and  measured  value 
of  jet  thrust  (Fjj),  turbine  shaft  power  (SHP),  and  angle  of  attack  of  the 
fuselage  reference  line  (a8)  are  shown  in  Figures  75  through  77  for  rotor 
speeds  of  100,  95,  and  91  percent  of  normal. 

Figure  75  shows  test  results  and  calculated  curves  for  100  percent  rotor 
speed.  The  highest  forward  speed  used  in  this  comparison  at  which  steady 
trim  conditions  were  recorded  was  231  knots.  At  this  speed,  the  advancing 
tip  Mach  number  was  ;?.933.  For  engine  shaft  horsepower,  two  calculated 
curves  are  presented:  one  using  the  actual  tip  Mach  nuaibezs,  and  one 
using  the  lowest  tip  Mach  numbers  for  which  charts  are  available.  The 
second  curve  is  considered  to  represent  incompressible  data.  It  may  be 
seen  that  the  test  data  lie  between  the  two  calculated  curves,  which  in¬ 
dicates  that  the  section  drag  characteristics  used  in  Reference  7  are  sece- 
what  conservative.  Figures  75  and  77  show  the  correlation  at  95  and  91 
percent  of  normal  rotor  speed. 
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Figure  74.  Helicopter  Lift  and  Drag  Characteristics 
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Figure  75.  Correlation  of  Flight  Test  Data  and 
Calculations  at  100^  Rotor  REM. 
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ANGIE  OF  ATTACK  ENGINE  SHAFT 


NASA  PARTICIPATION 


During  the  course  of  this  program,  NASA  test  personnel  from  the  NASA 
Langley  Research  Center,  Langley  Station,  Hampton,  Virginia,  evaluated 
the  performance,  handling  qualities,  and  general  flight  characteristics 
of  the  XH-51A  compound  helicopter. 

Check-out  flights  were  performed  by  the  NASA  test  pilot  in  the  pure 
helicopter  and  compound  flight  modes.  Static  longitudinal  stability, 
longitudinal  and  lateral  control  response,  turning  flight,  hover  maneu¬ 
vers,  autorotation  entries,  and  accelerations  and  decelerations  were 
evaluated  at  longitudinal/lateral  system  sensitivities  of  66/200  percent, 
with  a  neutral  center  of  gravity.  Additional  evaluations  were  conducted 
at  forward  center  of  gravity  with  longitudinal/ lateral  system  sensiti¬ 
vities  of  66/200  percent  and  100/200  percent,  respectively. 

NASA  participation  amounted  to  23  flights,  for  a  total  of  9.2  hours  of 
flight  time. 
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U.S.  /.3MY  PARTICIPATION 


At  two  intervals  during  the  maneuverability  program.  Army  test  personnel 
from  the  U.S.  Army  Aviation  Materiel  Laboratories,  Fort  Eustis,  Virginia, 
evaluated  the  performance,  handling  qualities,  and  general  flight  char¬ 
acteristics  of  the  XH-31A  compound  helicopter  to  verify  the  contractor's 
test  results. 

Check-out  flights  were  performed  by  the  Army  test  pilot  in  the  pu~e  heli¬ 
copter  and  compound  flight  modes.  Level  flight  and  steady  turns  were 
evaluated  at  longitudinal/lateral  system  sensitivities  of  £3/15^  per¬ 
cent  and  66/200  percent,  respectively,  at  neutral  centers  of  gravity. 
Various  autorotation  entries  were  performed  to  evaluate  variations  in 
entry  technique.  Static  longitudinal  stability  tests  were  performed  to 
compare  the  effects  of  changing  system  sensitivity,  rotor  Rffl *  and  cen¬ 
ter  of  gravity.  Nap-of-the-earth  maneuvers  were  evaluated  at  the  con¬ 
clusion  of  the  Army  test  program. 

U.S.  Army  participation  amounted  to  15  flights,  for  a  total  of  5-5  hours 
of  flight  time. 
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CONCLUSIONS 


•  The  objective  true  airspeed  of  240  knots  was  exceeded. 

•  The  maneuvering  envelope  was  expanded  beyond  the  specified  objec¬ 
tives. 

•  Further  expansion  of  the  rotor  RFM/ airspeed  envelope  was  limited  by 
two  factors.  The  first  was  an  increase  in  vibration  levels  when 
operating  at  high  to  intermediate  rotor  RPM  settings  and  is  asso¬ 
ciated  with  operating  at  advancing  tip  Mach  numbers  in  excess  of 
0.91.  lhe  second  factor  was  a  rotor  plane  oscillation  which  oc¬ 
curred  at  high  speed:  with  low  to  intermediate  RPM  settings. 

•  Maneuvering  stability  remained  positive  throughout  the  flight  envel¬ 
ope  and  did  not  appear  to  be  affected  by  changes  in  rotor  REM. 

Rotor  overspeeds  occur  during  maneuvering  flight  under  certain  com¬ 
binations  of  airspeed,  load  factor,  and  collective  blade  angle. 

•  Autorotation  entries  were  conducted  in  progressive  increments  over 
the  airspeed  envelope  up  to  and  including  a  true  airspeed  of  232 
knots. 

•  Control  response  is  unaffected  by  changes  in  rotor  RPM  and  collec¬ 
tive  blade  angle  over  the  airspeed  envelope.  Short-period  dnmpi ng 
remains  strong  even  at  the  lower  RPM  settings. 

a  Center  of  gravity  location  has  a  significant  effect  on  handling 
characteristics .  At  neutral  centers  of  gravity,  longitudinal  con¬ 
trol  response  increases  with  increasing  airspeed  and  is  unaccept¬ 
able  at  high  speeds  even  with  the  longitudinal  control  system 
desensitized  to  66  percent  of  nominal.  However,  at  forward  centers 
of  gravity,  longitudinal  control  response  is  nearly  constant  with 
increasing  airspeed,  which  results  in  better  high-speed  handling 
characteristics . 

•  Simple  geometry  changes  in  the  longitudinal  cyclic  control  system 
were  necessary  to  improve  handling  characteristics  at  high  speed. 

A  single  lateral  control  system  sensitivity  of  2OO56  of  nnmjpnj  is 
acceptable  for  use  over  the  airspeed  envelope. 
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•  Lift  and  thrust  sharing  between  the  main  rotor  and  auxiliary 
devices  were  evaluated  over  a  broad  portion  of  the  flight  envel¬ 
ope.  At  high  speeds,  the  vibration  and  the  structural  loads  favor  a 
collective  blade  angle  setting  consistent  with  effective  use  of  the 
wing  and  rotor. 

•  Some  of  the  main  rotor  and  other  structural  measurements  exceeded 
endurance  limit  values  at  she  extremes  of  the  speed  and  load  fac¬ 
tor  envelope,  but  the  values  were  within  safe  limits  for  short- 
time  operation  of  a  research  vehicle. 

•  For  operation  ir»  rough  air,  the  load  factors  encountered 

are  about  three-quarters  of  those  for  a  typical  airplane  of  about 
the  same  weight  and  in  the  same  environment.  Main  rotor  loads 
measured  in  rough  air  were  more  severe  than  those  measured  in  level 
flight  at  comparable  airspeeds.  However,  the  effect  of  the  load 
increase  or.  fatigue  life  is  not  very  severe. 

•  Increased  gross  weight  and  tail  rotor  torque  limitations  prevented 
a  full  evaluation  of  the  hover  maneuvering  capability  of  the  com¬ 
pound  helicopter.  However,  the  results  of  sideward,  rearward,  and 
low  forward  speed  testing  indicate  that  the  handling  characteristics 
are  similar  to  those  of  conventional  helicopters. 

•  Nap-of-the-earth  flying  is  feasible  in  a  compound  helicopter.  How¬ 
ever,  some  maneuvers  were  limited  by  rotor  overspeeds  while  pulling 
load  factor  at  intermediate  to  high  airspeeds. 
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KSEOMffiftDATIONS 


The  results  of  this  program  indicate  some  areas  where  additional  study 
and  flight  research  would  prove  beneficial  in  advancing  the  high-speed 
helicopter  state  of  the  art: 

1.  The  high-speed  stability  and  handling  characteristics 
of  the  compound  helicopter  should  be  studied  further. 

Center  of  gravity  location  has  a  significant  effect 
on  the  high-speed  boundaries  of  the  maneuvering  and 
rotor  HR?/ airspeed  envelopes.  Testing  should  be  con¬ 
tinued  over  a  wider  range  of  center  of  gravity  loca¬ 
tions  to  evali  ate  this  effect  on  overall  aircraft 
stability  characteristics.  This  investigation  would 
also  examine  improved  methods  for  presentation  of  the 
stability  parameters  of  compound  helicopters. 

2.  Additional  testing  snould  also  be  conducted  to  evalu¬ 
ate  further  the  conditions  under  which  rotor  plane 
oscillations  are  encountered  at  high  airspeeds  with 
low  to  intermediate  RPM  settings.  Attention  would 
be  given  to  the  effects  on  handling  characteristics, 
structural  loads,  and  vibration.  After  the  problem 
is  studied,  techniques  would  be  devised  to  delay  or 
eliminate  the  rotor  plane  oscillation. 

3.  It  is  recommended  chat  further  studies  be  made  to 
determine  modifications  to  the  XH-51A  compound  heli¬ 
copter  which  would  permit  expansion  of  its  opera¬ 
tional  envelope  to  speeds  on  the  order  of  300  knots 
and  to  increase  its  flexibility  as  a  research  tool. 

4.  Consideration  should  be  given  to  providing  for  vari¬ 
ations  of  blade  taper  ratio,  blade  twist,  blade 
thickness  ratio,  blade  camber,  rotor  rotational 
speed  versus  vehicle  speed,  and  rotor  coning  angle. 

Also,  increases  in  fcne  installed  power  of  both  the 
auxiliary  thrusting  and  primary  rotor  driving  en¬ 
gines  should  be  evaluated. 
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This  report  presents  the  results  of  a  research  program  in  maneuverability  and  rotor 
loads -conducted  by  the  Lockheed-California  Company; on  the  compound  version  of  the 
rigid-rotor  XH-51A  helicopter.  The  principal  objective  of  this  program  was  to  evaluate 
the  maneuvering  capability  in  terms  of  envelope  expansion,  longitudinal  and  lateral 
control  power  and  damping,  autorotation  characteristics,  level  flight  characteristics, 
and  hover  maneuvers.  The  testing  included  the  evaluation  of  rotor  RIM  and  control 
sensitivity  changes  over  the  target  airspeed-load  factor  envelope  for  both  neutral  and 
forward  centers  of  gravity.  The  maximum  true  airspeeds  attained  with  a  forward  center 
of  gravity  were  262.7  knots  at  95*5  percent  rotor  RIM  in  a  shallow  descent  at  a 
deneity  altitude  of  7750  fee*,  and  223-5  knots  at  <51  percent  rotor  speed  at  a  density 
altitude  of  7250  feet  in  lev* 1  flight. 1  . 
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